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U The enclosed development study was perforr~e on the Bureau of Naval
- Weapons Contract NOw 61-0355-d.

Phose I of this study was initated to develop a OGeneralized Honeycomb
Thermal SkwAayis wlick wau,14ff "h c~pabtty of psedian

theral lmitrforaoircraft subjected to the e!ffects of a nuclear explosian.I The method developed for. Qhs contract is based upon a recently developed
'Aflowabre Stress tethodw with the copabil'sty of pred'srg the aflbwabr
load on any structural cross-section in any flight and thermal exposure1 environment. The "'Allowable Stress Method" is considered one of the mwot
important developments in analysis of aircraft structures in recent years.
Such an approach on this contract gives the user not only a nuclear effects* J analysis method but a "Generalized Allowable Structural Loads Methodo.J

Phase It of this study was initiated to develop design procedures for a wea-
I ~Pons system subjected to the effects of a nuclear explosion. The deign

procedures developed during ths study provide a method of deriving the
minimum weight configuration to provide the needed delivery or escape capa-
bility. The optimiza'ion of composite structures with a thermal gradient
preseno is a break-through in automated design methods. The procedure with
minor modification, can be used for the aerodynamic heating problem as well
as the nuclear effects heating problem.

V Recognitions.

Recognition must be given to R.W. Gehring, Specialist, Structural Devel-
7, opment,, for his assistance in 1he preparation of this report and development

I. of the finalized Allowable Stress Method.

Further Recognition must be given to Dr. B.E. Gatewood, Consultant, for1. the initial derivaion and development of the basic Allowable Stress Methods
used in this study.

L Recognition must also be given to James Richardson, Structures Enginer,
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and the development of the skin stringer box beam optimization method.
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l.O INTRODUC7T0ON

The "Generalized Honeycomb Thermal Stress Study", was initiated in two Owe to
establish the capability for analysis and design of aircraft subjected to nuclear
explosions. Phase I of this study, "Analysis and Tests", is discussed in Sections 2.0,
3.0, 4.0 and 6.0. Phase ii, "Optimum Design Procedures", is discussed in Scto.
5.0.

The analysis procedures developed during the Phase I studies are presented in two
sections a detailed exact method and an approximate hard calculation metlaod.
The exact method is based upon a newly developed "A[lowable Stress" method.
This method provides a tool by which the allowable lead for a given structure cm
be computed for any of three failure criteria; initial instability, yield and ultuee.
The initial stability failure is based upon any critically instable element in the
structural cross-section. The yield and ultimate failure modes Gre conversely
based upon the yield or ultimate of the total section and not of any one given
element as has been the case in the past. The load carrying capability of each
element during post-failure as well as pre-failure loading is accounted for to
best predict the yield and ultimate of the total structural section. This exact
and complex method has been programmed for the IBM 709 Digital Computer and
demonstrated on a typical horizontal stabilizer for correlation of the theoretical
method against test results.

The hand calculation method was developed from the normal thermal stress
analysis approach with the elimination of as much of the detail as possible without
completely destroying the accuracy of the method. This method in more detail
was used in the past to predict the thermal limits for the FJ4 and A3J airplanes.
Umits computed from this abbreviated method can be expected to be as much cs
+ 15% in error depending upon the care taken while making the analysis. From-
the stress distribution computed with the thermal stress equations, a comparison
with element allowcbles must be made to determine the limits as demonstrated
in the example problem presented in Section 3.2. Although this procedure con
be accomplished by hand, it is particularly adaptable to desk calculators and
small digital computers.

The Phase I study also included high temperature structural tests of a typical
horizontal stabilizer and several honeycomb panel configurations. The typical
horizontal stabilizer test was made to determine an ultimate failure load under
a transient temperature condition. This failure load was then compared with a
computed load showing excellent agreement.

The honeycomb panel tests perforned dur:ng this study established test data .

for correlation with a general honeycomb panel buckling equation. Previous
to this study, honcycomb panel buckling allowables were determined by t

testing only. With the correlation of the gentralized buckling equation,

10
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allowables for oil the structural elements can be computed theoretically.

thus paovi iJng the capability of analysis and design Ear thermal dfm a
structures without excessive testing.

I The Phase 11 study has approached the objective of aircraft design for
induced 1hermal gradients as a design optimization problem. In general,

* " the nuclear effects problem has been-handled by determining the limit which
t6. arcrft can withstand after the design has bee corapeteL For the cam
of aircraft vulnerability to defensive weapons, a capability must be designed
into the iircraft. In many cases, it would also be a great advantage to pre-
determirt the delivery capabilities as the aircraft is designed. frultiaffj
desaning for the required capabilities will insure the best design for the
weapon system.

The design optimization methods developed during this study include; I.
honeycomb panels with a fixed load, 2. honeycomb panels with a fixed
strain, 3. honeycomb box beam with straiht or corrugated spar webs, 4.
skin-stringer box beam with straight or corrugated webs. In each of these

. icases, a minimum weight design is computed from a given load and thermal
input. The temperature of the hot facing is a variable depenent upon the
materia! thicknesses. The following dependent parameters dre also determined
in these optimization procedures; honeycomb facing thicknesses, core depth,
core ce!l size and foil thickness, spar spacing, spar web thickness, stringer
spacing. stringer thickness and depth.

- The mekhods developed in this study provides a basic tool for nuclear effect
capability design. They have also established a basis from which further

T design methods can be developed.

IF 5.
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2.0 GENERAL DISCUSSION OF THE ALLOWABLE STRESS METHOD

When a structure is subjected to a non-uniform temperature distribution,
the elements of the cross-section of the structure have varying material -7properties dependisig upon the temperature of the element. Thermal stressm .

May be present due to a tion-uniform temperature distributiov and/or &fff-Ter
ent materials in the cross-section. The inelastic effects of buckling and
stresses beyond the proportional limit produce stress variations and dZi*r.--, .
tions within the cross-section. The strains associated with the stresses vary
due to thermal expansion applied ax;iol lood.and/or bending moment strains
and stress variations produced by the temperature distribution.

With the material property stress-strain curve of each element in the
cross-section represented analytically by the Ramberg-Osgood equation
(Ref. 1) then,

Ene n  = Fn + 3 1F nN m :.;

Fy Fyn + i.] (2.0.1)

where, for element n, F., is the yield stress which depends upon I
temperature, previous temperature and load history of the element; F. "

is the stress, En is the elastic modulus, and en is the element strain associated
with the stress.

The following sections show the development of the strain, stress, and •1

equilibrium equations necessary to define the load-deformation curve for any W

cross-section in any temperature-load environment.

12
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1 S--[ 2. T DEVELOPMENT OF THE ALLOWABLE STRES'METHO..

2.1.1 BASIC STRAIN EQUATIONS 71
Assuming a plane cross-section to remain plane at all times, then.the.shbpe
of the strain distribution curve on the cross-section will always be th same
shape as the thermal strain distribution curve except for possible iayvcw
through a-contantangle. ThTs reratronshi- hfos true wetrtl- mrferar
is elastic or inelastc and regardless of tle presence of Iickling. An applied

4cxoaI load produces a constant strain and aa pplied mnment prak n ft
ro.'ation through a constant angle. A general strain equation may be wten
for any element n in the cross-section based on the above ossumption. The
element strain, designated as en, consists of the sum of the elastic thermal
strain, the elastic *applied axial loaod and bending moment strains', and a
correcting linear term to accoun; for all inelastic effects. This strain may
be written as

e e= eT+ FOPn (2ll

I where eTn is the elastic thermal strain and is defined as follows:

w ere (a 7)n + eT + KT(y) + KT f (2.1.2)=~ ~ L- 6~ b---

where ..... ,

eT~ ~ - Ta)n EnAnn -
" ("T E An  "'
, n E

KTx "c [ Tfx(Ely) x MT (2.1.3)(E.

KT C MT>. (El) y Mf xy1(Ely) (Ely) -(Elxy)
2  J

i" = I _MTy (EI - MTx (Exy) "
.KTy%

.113
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. rThe tewperahwmoment tern ti Ei . f(7. 1.3) are define~br

IT.MT 4 7ja ). E Ary,,I

(2.1.4) -9

M, .2Tl Ef A f
and the elostic bending stiffness parameters about -orthogonal axes x and y

* Of* defined by

. ,,.n

(Eq = (2.1.5)

-n En An Xn 'n

' if the bending stiffness of each element about its own elastic neutral axis isI. neglectft:.

From thie arbitrary reference axes xR and yR the values xn and yn are
-effned by

xX - , Xn R
SE A

n n n
- T En A~ (2. .6) 1

~EnA
Yn YnR .  n n YnR '

E Aln nn

The elastic applied axial load and bending moment strain term in Eq.

(n.e.1) us -'.
I F~, = e OP X c ap fn 21.)y1

K. jaxK --L7

13 A N1
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where-thie erasti-c appl~ied'axfarITocjsfr*Tn -1s

In n

arde e ot opFd bending moment strains on the extreme fi ber elements

[px c M x(Ely) My (EIXY)2(.19

(ElX) (El - (E 2  J

In Eq's. (2.1.8) and (2.1.9) P, Mx~, and Myare the applied axial l0oad#
bending moment about the horizontil elastic neutral axis, and bending moment
about the vertical elastic neutral axis, respectively, for any given cross-
section. -

The inelastic correcting strain is determined by

where the values of the inelastic correcting strains e0 Kpx, and lC.p are
defined by the iteration procedures of Section 2.1.7'sch that the stresses t.-~
Fn corresponding to the strains en satisfy the equilibrium equations

P=Z F A C I
IN FnAC~

IN4= FnAnCnxn (2.1.11)

where Cnis the effective area factor for local buckling of element In as defined
in Section 2.1.6.

14
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"2.1.Z TW.M ADJRE AND LOAD STRAIN EQUATIOS .

Since the applied load may already be present when +he temperatue
is applied to the structure, a non-uniform temperature distributIon may -'2

be present when the load is applied, the temperature may cycle with a .
steady load ading, or Loth load and te.-perature may vay with fim i is " -
necessary to write the stracn equctions to account for sequence opp icatlx-
and removal of load and tem'erature. These equations must then allow for
the strain, stress, and temperature histories of the structurd elemew,"
Various factors involved are the true permanent set strains at the end of any

" - given sequence of temperature and load cycling, strain accumulation pro-
duced by temperature cycling, variation of material properties as the tenp-
erature varies with time, and the recovery of material properties after a

- - given exposure time at temperature. Under sequence application and/or
removal of load and ten-perature.,unloading of some elements from an inelas- .i
tic position on the stress-strain curve may occur. For unloading, the
element strain is osumed to follow a straight line of slope En (elastic) to O
zero stress and then follow a stress-strain curve with a new origin when .1:
loading in the opposite direction. The shift in origin for any element is

" - defined as:

_n = en -n (21.2

( See Figure 2. 1. ) '","-

If reloading takes place from any point on the straight fine or from an
elastic position on the new stress-strain curve, then the straight line is 4

followed up to the original stress-strain curve (for strain hardening materials)
and the original stress-strain curve followed for larger strains. If reloading
occurs from an inelastic point on the new stress-strain curve, then the element A
may follow a new stress-strain curve from a new origin as shown by (6) in
Figure 2.1. The effect that actually occurs depends upon the amount of
yielding that has occurred in the reverse direction. Until more test data is
available to establish definitive criteria for reloading, it may be reasonably
assumed that a new stress-strain curve can arise whenever unloading occurs
from any point on the stress-strain curve where:

Fn 0.80 '.:...--

15 "
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if the stress-strain curve is represented by the Ramberg-Osgood equation with -

m = 10. (See Figure 2.0where reloading to the old stress-strain curve at the
maxmum permssbe orign shift defined by Eq. (2.1.141 is ittusfrf•ed by
rt is apparent, then, that with various elements in the cross-section loading+, .

unloading, or reloading at any step in the temperature-load spquence. that the
strains and stresses must depend upon the prevfotff steps To the sequence to cdeine
the proper stress-strain curve and origin. If at each step in the temperature-
load sequence the strain en is assum-d to start from a new origin as defined by
Eq. (2.1.12), then the element strain Eq. (2.1.1) at any step j can be written
in terms of she previous step j-1 and the load or temperature application or
removal at step i as:o

" e n i  = - (a l), n i + (e T  + e + e-

+ (KTx + Kpj --Yn + (KTy+K cpy+ Kp n 1

+ Aeni.(21.5

where En. is the elastic modulus at.step j-1. Eq. (2.1.15) is general
since it includes both the thermal elastic strain of Eq. (2.1.2), the elastic '"

7 applied load and/or moment strains of Eq. (2.1.7), all inelastic effects which =

are represented by ep, Kpx, and Kpy, and the stress effects of the previous steps. 2
Since the calculations are performed for temperature-load sequences

where the effects of temperature and load are not applied simuitaneously,
the general strain equation (2.1.15) is written as follows. For any temper-
ature application or removal step; the element strain is: r-

172
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en..ffn e + apy (t.+ C

En,

(K1  +" K) Xn (2.1.16)
Y" ,

In Eq. (2.1.16) the temperature Tn. is the incremental change in temp-
emture of element n from the last temperature application or removal step.
The temperature terms eT and KT. are essentially as shown in Eq. (2.1.3)
andspecifically for any lemperatule applicotion or removal step are calculated

,,i ( n . ^- -.(l I F-A i .I . :
(E Ail)

K1
K xi 

. .. -
7E A A 2) _ (aT) EAnxn) (y n nAnxnYn)- "

r(T(a nnnYn nnn n..
* 

I
(i i n n n . 'L(n 1 .y (n " - (Z EnAxny'l2

nn nn"

KT

r(X(a T 'EnAx)( EnAnYn). - ( (QT)nEnAnyn)j(y .EnAny-
ba j n n y , 2 2 x i

n n ( 2 . 1 . 7 ) --"y n

For any food application or removal step j the element strain is "

2
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F +(e +1e(K + Kp Yn ..

Op P3 I aPS

(K op1  P~ I72

where,

n= lI :"

fKpx XEiAx ' M ' E*" y:.

(Y .) ( E A n)n )

n n
-, Mnkn (I :Ax! E Axy)

K~ Ay %n bA _______________

0P> ~ ~ n [(.nAY) n n n n, -W (~EnAnxnyi,)?

where P., t&., and My. are the incremental loads and bending moments
applied or reioved at ahy step j.

I In Equations (2.1.15) and (2. 1.18) en is the strain directly associated
with the stress Fn.either as an elastic value or as a v,'lue on the stress-strain
curve upon reloaling. In this case the strain associated with the stress is
taken as: i-M i

e=+ qn1; where q enia (2.1.20)- eni + inhr 1i~ k ' i

where eno. is determined by Equation (2. 1.12) but is not included in the sum

unless it also satisfied the condition of Equation (2.1.14). k is the step at

196
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which the last sign reversal o eno occurred, and j-m"is the lost step at
which e,-satisfied Equation (2 .1.14).

ore re qW_ for the s_ution of the strains M __tses aot_. _. teph th e
tern~errture-food se~,ene.
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2.1.3 SHIFT IN ORIGIN OF STRESS-STRAIN CURVES

Figure 2.1 illustrates the various stress-strain refoticonships which can
arise during the sequence application or removal of temperature and food. _ 0

I - Each element in the cross-section is considered to behove accoduang to am2
otse cordtfoirem o stpFite e -1 seqnnenc. Anoyticaflfy
these conditions are dOerbed by the Ramberg-Osgood Eq; (2.1.22) and the

jlogic table of Table 2..which allow for th- stress Qndstrain histories of thb
elements.

j| Curve (1) represents loading on the original stress-strain curve from
the 0,0 origin. Assumrwg no change in material properties due to tempera-
lure change, (2) represents unloading of the element from an inelastic point
on (1) on an elastic line which has the same slope (En ) as the elastic portion
of the original curve (1). Unloading of the element may continue until the

element begins to load in the opposite direction. In this case, a new stress- 0
strain curve (3) is followed which has a new origin defined by the offset strain
e,,o where en0 is found by Eq. (2.1.12). The elastic unloading lines (4)

- - show unloading from t-o different points on the stress-strain curve(3). One -"-

elastic line is similar to elastic unloading line (2) and takes place from an
inelastic point on the offset stress-strain curve (3). Continued unloading of
the element i ay produce reloading of the element in the some direction as
the original loading. This reloading is assumed to take place along a new
stress-strain curve (6) which has a different origin than either (1) or (3).
The other unloading line (4) begins at a point on (3) defined by Fn = 0.80 F
which is the assumed limitation for reloading back to the otlral stress-strain
curve (1). This defines a maximum permissible offset shown by Eq. (2.1.14)

* for the Ramberg-Osgood curve with m = 10. Continued application of strain 0
on the element produces reloading on an extension of the original siress-strain
curve (1) which it. designated by (7).

7
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The use of the equations of Seq. 2.1.1 and 2.1.2 requires that
definite sign conventions be established for compatibility throughout the
temperature-load sequencing. The following table shows the terms recquiring - -

algebraic sign definition mnd the p.W srgns.

.1
EQUATION TERM ALGEBRAIC SIGN -

T (+) if temperature increases from datum
(-) if temperature decreases from datum "" ,

Xn, Yn (+) dimension toward the extreme fiber
element having the highest positive "
value of (a T). In the case of symmnetrical --
temperature dlistribtion and geometry
any convenient sign convention may be
selected if the applied moment values
have consistent signs.

Fn,Fm (+) tension
(-) compression

c,b (+)

tension
(-) compression

K (+) if the applied bending moment M. putscompression on elements having -yn

values.
if M. puts compression on elements having
"yn values.

Kpy C if the applied bending moment MAyi puts
compression on elements having -xn values.

(-) if My puts compression on elements having
4, values. T

22
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2.1.4 SIGN CONVENTION (continued)

EQUATION TERM ALGEBR AACS&G •

(-) compression

Mc if moment produces compression on elements
having -Yn values.

(-) if moment produces compression on elements
j having +yn values.

(+) if moment produces compression on elementsj having -x values.
(') if moment produces compression on elements

having +x, values.

en, e'm ( tension
(-) compression

ecr, ecr (-)

27
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2.1.5 STRESS EQUATIONS

Since all calculations for the cross-section are performed using the
strain equatiun (2.1..1) it is necessary so obtain the stress F. associated wth'A
the strain en from a stress-strain curve tor each element corresponding to the
temperature of the element. The stress-strain curve for each element in the
cross-section is represented aalytically by the non-dmensional Rambrg-
Osgood equation as shown, in Rderence (IL.

[nen)7 (2.1.21)

where the slope of the elastic portion of the curve, the yield stress, and a
shape factor define the stress-strain curve.0

Fur the stresses at any step j in the temperature-load sequence corres-
ponding to the strains of Equation (2.1.16) or (2.1.18) the Ramberg-Osgood
Equation (2.1 .21) is modified to

ni  (e. ) 3in m-

Fni+ + 7 n~~."~ (2.1.22)

Fyn Fy i  n F-y-,

whee..
j-m

qnp = Oaor e e_. , rn = 0 or1

Ii=k °f

according to the stress and strain hstories of the elements with the values of
oand in defined by the logic table of Table 2. 1. In the modified Ramberg-so

Equ ation (2.1.22) En. is the elastic modulus of element n at step j,

Fyn is the yield stress of ele~nent n at stcp j, and r,, is the shape factor which
depinds primarily upon the material.

where

Fmi

2corin totesrs nttan.itre fteeeenswt h auso

_ _ - - -1%

q.. .. and rn deie bytelgctbeo al .1.I h.oiidRmeg
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2.1.6 BUCKLING AND CRIPPLING LOADS

For stresses below the rocar buckling stresses of the elements of the struc-
ture, the effective area coefficients as defined by Cn in the iteration equa-
tions of Sec. 2.1.7, are token as unity. However, after soue elements Ix-ckfe
the stress and strain distributon or the elements- change du&to the chmage mT
length of the buckled element from the deflection. Since soire part of the I
buckled element (one or more. edgesl does not defleot. *bescia in e4sgun"a-
flected portion of the element may be taken as the reference strain for the
element andfor the strain to be associated with the strains of the other elements.

Now the buckling strain of the element n can be approximated by.

ecrn = Kcm t_.2* (2.1.23)

where the buckling curve is taken to be the same as the stress-strain curve
(see Figure 6 - 5 in reference 1). The temperature of the element is assumed to
be uniform. In most cases, this will be approximately true. If not, an ave.txje
temperature of the element can be used. Define the reference strain for the
element after buckling by: \2

en = Kn(l (2.1.24) :1

where bne is an effective width, Kn depends on the restraints after buckling of .
the element, and en is given by Eq. 2.1.24 with local bending of the elemer -
neglected but with ep including the area change effect.

From Eqs. (2.1.23) and (2.1.24)

bne ecm Kn Cn (2.1.25) ]
and

eap _n n n

En An:"'Snn

Cn  1, en " ecr (2.1.26)

26
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C KCn =• n n  ecr 21.6

Note that ec is based on-the original ares... -

* - Consrder Eq. (2.1.26) for a single element so that:

" ea = FJ e ;e -e .

= F E F 2
T- Fey E e,/Fcy (2-.8

From Eq. (2.0.1) with m 10,

2
E eE K F/Fcy (2.1.29))- 1 K +3(-°-, /

The maximum value of e is:ap

FCC = (E =0.8 ecr K  at F 0.87

F 
"te

S 0.F98 F > = C cr > 0.98.. Fc-Fcy cy FCY F CY (2.1i.30) ...-

Equation (2.1.30) indicates that if the buckling strain is less than the elastic
yield strain Fcy/E then the maximum crippling stress occurs at the elastic yield

- - strain while if the buckling strain is greater than the elastic yield strain the
maximum stress occurs at the buckling strain.

27
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For forge ecwith the cut-off stresses in Figure 6-5 in Ref. (1) beit%

appl-scoW.e Eq. (2.1.LM becomes

Thus, the cfippting food can be deteined, provided Eqp. (1. 26 is us"J
insteod of Eq. (2. 1.8) withCnnEq. (2.1.76) ewfofea te rm~vbm.
In machini colculations.epproxmate results-can be obtained by miaking
KcS/Kcm = I and cuttinfg off the ste-strain curve at =i.L

Therefore, a good approxi mation of the effective area coefficient b .

Cn ecrn) OneA
(2.1.32)

28
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2.1.7 RERATIQb EQUAILONS

The fTnat stra-ns and stresses atmy step irn the femperatur-roa!sequence
are obtained by the iteration of the strain equations (2.1.16) where the .."
inelastic effects represented by epi, K, and K, are determined by
oxial load and bending moment equilibridm on theYAross section. At any
temperature or load step j the strains are calculated by Eq. (2.1.16) or

Eq. 2.118)wit ep K, aid Kpiy taken as zero for a first appriximcaim
These strains are user too in the element stresses from Eq. (2. T.22 and' the
logic tcble of Table 2.1. If inelastic effects are present, these stresses
witI give values of P, M,, anc M, in Eq. (2.1 .11) different from thevolw
of TPi" : M" and YM used in Eq. (2.1.34).

The inelastic effects for successive approximations are defined by thefol lowing equilibrium iteration equations at any step i in the temperature - .i!i

!ood sequence. The axial load and bending moment equilibrium iteration
eqjations are shown below for any step r in the iteration.

Pi\ r (P) r-1 (eap) r-I +

(px 1  r = (Kpx) -K1:ap) + Kap- (2."1.

.. r PY r-1 r-1 i
(Ky.) = (Kpy 1) r_1 - Kpir + Koy.

where the external applied loads are represented by:

"-.(SEA) i(2.1.34)

=c "Mx ( EnAnXn2) - My (ZEA~

e n / !i

1%E A
I..

29

.. . . .. n n n... n .. ... ... -291



NORTH AMERICAN AVIATION * Nr.
COmmuUS &mile"

The internal axial f oods and bendingj momnents for equilibrium of the cross- -

section are calculated ot each iteration step r by the- following equeotiom

(Kp=~ .ci [(ZFnr..An~nyn) (!n -?

iCy2)E A x2) -2-nnY

(~n n n EAn n) i I nEnAn~r~)~ .1.

FnAnCxn) (An)

(Kcy,)nr F AnCnn) #n A j2 4

(nAnYn) i (yXEn 2  ii
nnr-~ ~ ~ ~ ~ 1An-y (EN~n

Anyn E nnA xyn)-

- ~ ~~~~~~~~~ (yn---rr,.-r~rtr~.~ - nA-,r--- i- -Z n-'r- sr--

* -*. -' -

C'-~K'..: - . - -: - -. 30
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The iteration continues unfit the successive approximations-o Eq. (2.1.33)

. e ,-1, KPxi  ,,-1. md

Kpyi = Pyi) r =(K 1) within a specified toleramce.

A pracical ro e of toler onces has been estakiisbuLiu
e -te,

°.• ~ ~~( P, - 1- °- , ° .

Pir p)r120 00003 to + .0006

( -(Ki) +0.0m00 to + 0.0000
K r - jr1-
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2.1.8 COWLUN PRQCEU...S S

For a structurar cross-section which contains column elements, it is fMst
necessary to define the load-deformation curve of the column element if a
satisfactory representation is to be made as described in Sec. 2.1.9. The
Ramberg-Osgood stress-strain curve (2.1.21) adequately describes many
elements in the cross-section except those subject to either column or local
instability. The load-deformation choracteristics of members with local
instability are defined by the methods of'Sec. 7.1.6 where the Iramberg-
Osgood stress-strain curve and an effective area which depends upon the
criticaf buckling strafrr oF the element" deffne the Iodci-defrmoation chai.u-
teristics. The column, however, may have an unsymmetrical temperature
distribution through the cross-section or a secondary bending moment may be
acting on the column element thus producing deflections normal to the
neutral plane of the column. An axial load acting on the column element
wilt affect these deflections by producing o bending moment due to the
deflections. If symmetrical bending only is considered, the net bending
moment strain consists of two parts, one due to applied secondary bending
moments and one due to deflection.

Kax = Kapx + Kwx (2.1.36)

The deflection moment strain may be described in terms of eap and the
deflection W as follows:

Ez
Kwx eap M A W eap (2.1.37)

C c a  MEMAMyIC / P
VC-1

In many problems the applied secondary bending moment may be related to

the applied axial load as

Mapx = ap (2.1.38)

In this case Eq. (2.1.37) may also be written

Kax W+P (p) 2  (2.1.39)
- c ~ P

eap
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If z is.the variable along the length of ahe structure, then W depends O
z and the end conditions, while p may depend on z if the applied moment
is variable. For simple beams, Reference (2) givesM

-OdW = M = K
d7  = M""- = K(2.1.40)

The net rotational strain of any cross-sectaon throuJ, the column may be
" written

i'.Kx=Ki x + Kwx + KaPx + (KTx) _1 + Kp." + 1-1. Kpx. 21.1
x apx ~ K~+ ~K.~.(2.1.41)

for the temperature-load sequence + T, + P where Ki represents the inrttia"
deflection or-eccenfricity of the Ioad. In Eq. (2.1.41) KpX is a function of
z dep nding upon the amount of inelastic action at the various crass-sections
throughout the span or length of the column. Eq. (2.1.40) con be written

" a2-o . K (2.1.42z)

where, with K as a table of values for selected values of z, then Kwx con
be obtained from Eq. (2.1 .42) by an area-moment numerical integration-or

" - by a double summation.

If Kapx, KTx and K;x are constant alog the beam, then K will be con-
stant except for the effect of W. Assume Kpx is constant o'oi the span so
that Eq. (2.1.42) can be integrated to give

Kwx (Kx + Kap + (KTx) +K + Kpx)f (z)

°..... ( ) = cos q (1 -2z_ cas q
f(4) o 17. (:ompression)

cos q

= cosh q (1 2 z) - csh q (tension)

L

cash q

.M7
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i

q2 =

410

for a iply suppoted bewmvauaw

let e =x ,2 2 2 = 2  (.a, (2.1.45)

22
so that the maximum deflection in Eq.(2.1.43) at z =is

(K) K + Ka +(K i + 1j, K
x T)KT)max x = N ( 2.1.46)

(2.1.47)

The temperature-load sequence of primory importance for defining the
column lood-deformation curve is apply temperature (+1), then apply load
(+P). For aty given temperature distrib'tion through the column cross-
section a range of loads is applied to establish the shape and the peak of the
column loacd-deformation curve. This curve provides the data for the column
representation methods of Section 2.1.9.

The strain equation for the temperature application step for the column is
essentially that shown by Eq. (2.1.16). For the applied load step in the
temperature-load sequence the element strains are foun! by the following
equation

(e a .+ - (Ka p + Kwx+ K ) __ (2.1.48)
eM, (K 0 + opI P x NmilMrl epiK C~©Y
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T € -whew
Ir~~~°' +K +o ;C

"" ~en a con pmssiorr rood's acfng. "-'

-- -

e,- and Kpx. must be determined by an itera lve procedure to satisfy the
fiiowir g eliilibrum conditions.

api %, EMAM
M (2.1.49) P I

-FAMA,y.-
(Kapx +Kw = M

2" + i X EMAM (YM-
Cd>

In Eq. (2.1.47) the stresses FM. are determined by the procedures of Secticn
2.1.5. The iteratin equation? for the equilibrium condition are:

(epi),= (epj)r- + Mpi M

(Kpx) (Kpilrl± Kopxl + (Kwxj)r-i

' ...( rIA 1 2.1.50) ... +

EMAM 2-j

35
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Two sets of answers are provided at convergence of the iteration eao aicns
(2.1.50) with the second set defining a post-buckling point on the coauw
food-Mveffonlrr cumn.

The column procedures presented in this section are based on constant
moments and a maximum value of Kwx i . Further colunui studies have shown
this approximation to be quite accurate for prqctical design use. Compaxs-
isons of column roa-deformton cuv es ustrn the approximate prwdxn
of thTs section and by Integratitng the -tnerast-sceffecN zong f eength of'
the column show good correlation between the two methods with the approxi-
mole procedures being slightly conseraf..
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2.1.9 COWMN REPRESENTA[CN.

Since many structures contoin column members in the form of stringers, truss
members, etc. it is most convenient to consider the column as a single
element in the cross-sectlon when defining the allowable loxd-deformation

-" curve, using the general allowable stress procedures described in Sections
.2.?. through 2.1.7. The load-deafmmgo- chararteistics of the colmt :
may not, however, be defined dTrectry by a simple stress-strain relationship
such as the Ramberg-Osgood representation of material property stress-strain
curves. The post-bocking portion of the column curve a s owr iwSectiofr
2.1.8 is defined by bending moment equilibrium where the applied axial

oa d must be less than the critical peak buckling load. The column, however,
-is analagous to the plate buckling problem since the critical buckling strains

of both are based on the Euler equation. Therefore, a good approximation
of the column load-deformation curve can be obtained by the use of the
effective area coefficient for any column element n as follows:

Cn =(ecrn/e )/2 (2.1.51)

as described in Sec. 2.1.6 of this report and Sec. 7-5 of Ref. (1). This
allows an equivalent Ramherg-Osgood stress-strain curve defined by Eq.
(2.0.1) to be used in the calculations for the particular cross section.

- - The equivalent Ramberg-Osgood stress-strain curve for the ceiumn element
must be obtained for the particular temperature distribution, geonetry, and
material variations in the column cross-section for the unrestrained condition.
From this stress-strain curve the slope representing the equivalent modulus of
elasticity, the equivalent yield stress defined by Esec = 0.7E, and the
Ramberg-Osgood stress-strain shape parameter m are obtained. These values
are used in the structural cross-section to define the equivalent Ramberg-
Osgood stress-strain curve represented by Eq. (2.0.1).

For the column element in the cross-section analysis a value of ecr n must be
determined to define the effective area coefficient given by Eq. (2.1.32).
First, the column load-deformation curve is computed by the procedures of
Sec. 2.1.8 including the effects of !.)zal buckling. From the column load-
deformation curves the two significant values required to define the equiva-
lent critical buckling strain are the peak stress defined by (Fap) max, and
the foreshortening strain at which the peak stress occurs defined by emax:

The equivalent ecrn for the column element is defired by the following
relationships. For load equilibrium on the column cross-secion at the strain
associated with the peak stress:
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where the subscript M denotes element number in the column cross-section,
and n is column element n in the compsite stucture. In terms of theeffective stress on the total crss-secion area of the column

ZAM

Substituting.Eq. (2.1.49) into Eq. 2.1.51)
(Fc)e (ecrn)1/2 =eip)max. yEMAM (2.1.54)

(emax) t/2 ,AM

Solving for ecrn  -

ec)1/2 1/2
(ecrn = (eaP)max. (em.) )e EMAM

SAM (2.1.55)

e = (emax.) e )mo XEMAM 2 e Fop~max.
crn a max.) LF II.(" ZA'- j (Fc.

where emax is the foreshortening strain associated with the peak stress of
the column load-deformation curve and (Fc)e is the stress associated with
emax. as determined from the equivalent Ramberg-Osgood compression stress- ..

strain curve.

Since each element in the column crass-section may have a different area,
modulus of elasticity, yield stress, temperature, and coefficient of thermal
expansion, an equivalent value for the temperature expansion strain is
required for the solution of mace complex structures which treat the column .
as a single structural elemcnt. This temperature expansion strain may be
expressed as:

(ciT)equiv. = et = EMAM(dOM (2.1.56)

yEMAM
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where the subscript M denotes element number in the colunm cross-section.
Input data for the Allowable Stress IBM program (EZT TST requrres separa.
Input values for and T for each elemen*. Therefore, when usteng p , ..
gram for cross-sections which contain columns as a single element it may be 2:;
necessary to compute an equivalent temperature change from datum. For the

column as a single element in a cross-section select a reference value of a R
and compute the equivalent temperature change by

CI~cqutv . EMAM7

(T)equlv. and c I are the input values for the column element.

The curves on page 401 demonstrate the use of the effective area approxi-
mation and provide justification for the use of this approximation.

.-

°..

L0
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FIGURE 7.2
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2.1.10 FAILURE CRITERIA

I itorder to specify thermal limits it is necessary to "ie sultclae oUa" -
stresses for individual elements in the complex structure. Standard allowables, A
such as for crippling, buckling, and compression yield, are relatively simple
to describe for variations in temperature. Other allowables, such as honey-

- - comb aeneral buckling ore more difficult to acquire.

In dtermmTnti g the csificat honeycomb panels to be analyzed, 6s p ible
modes of failure must be considered. The first and simplest mode is a tension
failu of the. tension face due to bending in the panel. Another failure.
which can Le produced by bending is core shear for wnich the airowobre maybe expressed' as.-I

The loads inducing failure in this mode are not appreciably changed by the
thermal loading and therefore is not considered as an important failure mode
for this study. A third failure mode in bending which con be considered is
core crushing, the allowable for which is expressed ax

Fc = (C1Fcy) 2/3 (KcEJ1/3 2(t/S)5/3 = (2 tFi) FcFb

hE, (2.1.59)

"This mode of failure has been found not to occur in practical design cases
and is therefore also not considered in the present study. A fourth mode of
failure which can occur in either bending or compression panels is wrinkling
of the facing for which the allowable is:

Fcw 0.5 0.55 (tc/S)2 GcEc (Es + 3 E (2.1.60)

The fifth failure mode which may occur in bending as well as compression Is
called intercell-buckling which has an allowable expressed as:

F =0.9 (t s) (2.1.6

The honeycomb allowable ENuations 2.1.60 and 2.1.61 can be computed
independent of the final structural arrangement in a general form of e * or I
Fci Vs tF/S and eca or Fcw VS tc/S. Such a plot is then needed only for
each material used. Therefore, to reduce the computing time of the
NAllowable Stress Program" this data is entered as a table rather than being

I
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computed each time through the program. Furthermore, it was fiod that by
plotting ec; and ecwqoainst the respective paomters thetaei no Cqg-.'
ficant change with temperature within the realisttc range of the alouw&bIe
strains. Thus, if the calculation or data is done for a medium range temp.-
erature the data w.ll be satisfactory for the full temperature range (see Fig. 
2.3 and 2.4). The normal allowable strain range for the 2024-T4 mitexial
platted in Fig. 2.3 and 2.4 is from .003 to .0065. Further discussn of the "-Al

IK 77 computes prWaq rc coducr% dis data cm be found in appeA
D of this report.

The fTnal faiTure moce can occur only in compression of the panel and is
referred to as general-buckling for which the alowable ise prexae we

-7

FccR 2 tF 2  + E, + tF 2.....

(2.1.62) -.-(I-u2) (tF, Es 2 ( t + 2 tF

=-K+L+2xV +
(C4 _ V x c+1-C)V

i + L + Vx Vy F ''..

K = C, + 2C2 + C3

L = (c, + I- P cz). _V. + (C3 c+) v1 C2)-

2 K4

Vx = CFI tF2 E1E2

(tFlE1 + tF2 E2 a2 Gcx (1 -,A2)

Vy 2 CIF1 tF2 EIE 2  1

(tFIEI + tF2 E2) a2 Gy (I- 2).

dcx effective shear modulus of core in x direction

ey = effective shear modulus of core in y direction

The constants C1, C2, C3 , C4 are dependent upon the edge fixity conditions
of the panel. A listing of these values follows:
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Edges simply supported

4 (,1, bX C2  1 CS~ 2

b = panel length •'-

n = number of half waves

Zan en,-13C=.

Loaded edge simply supported
Unloaded edge dompe,-

CI = 5.33 b2  C2  1.33 C3= n2a2  C4 1.33 b2

Loaded edge clamped 1:]
Unloaded edge simply supported

C2= I C3(n 4 +6n2 +1 02

Forn I CI = .75 6
2  C4  3b 2

Forn >1 C1 =C4 = 1 b2

""n
2 + I ay2 ..

All edges clamped a.j

C2 =1.33 C3  (n4 + bn2 +1) I 2

n2 + I

For n 1 C1 =4C4 :4 b2

-Y

For n > 1 C1 = 4C4 5.33 b2

These last three failure modes are the most important in the design of
honeycomb panels and constitute the primary failure modes found in con-
ventional honeycomb structures subjected to thermal stresses. These modes
along with the tension mode make up the failure modes used in this study. ±
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Unlike the allowobles Fcl and Fcw, Fccp must te coniputed'wIth-in tt"
allowable stress program. This computation takes place witdn subroutine
HKM which is dicgroammed in Appendxx D.1 of this report.. The FV.
2.1.62 has been substonated by a test program presented in Appef#x ,A
and discussed inSection 4.0 of this repot.

Equations (2.1.58) through (2.1.62) were substantiated by tests performed
by the NAA Los Angeles Division (See Reference 3). A production full
depth honeycomb component was tested and failed in the m& of foc..
wrinkling, showed very good agreement between rest cata and the oppfTcab.lb "
allowable stress Equation (2.1.60) (Ref. 4, Figure D.5).

For tension elements in the structure the failure criteri.is definedcasaa.
maximum strain or elongation of the material. Compression eremants whrc t
buckle locally will reach a peak load causing further increases of load and/
or moment to be taken by remainding members of the structure when some
member will eventually reach the strain cut-off or the crippling cut-off I
defined by the following equation.

Crippling of compression elements is considered to occur if: S

FnCn > Fyn  2.:-.

A tension ultimate stress cut-off is used on all Ramberg-Osgood stress-strain
curves with a compression yield stress ut-off used on all Ramberg-Osgood
stress-strain curves used to represent a column element. 0

.1+
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FIGURE 2.3
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FIGURE 2.4
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2.1.11 LOAD-DEFORMATION CURVES

, The previ'aactilimu descr-be the procedures f "d iaon d ethe lt-
strains and stresses at any particular step in the temperature-load sequence.
Convergence of the iteration procedures of Section 2.1.7 produces the final
values of ep-, Kpx., and K at each stepTn the temperature-load sequence. 4
At any step 1, the total inef'tic effects for all steps on any element n in the
cros-s ction may be expressed by

ePsn e ei + .) )Y +(M.p) x (2.1.6q)
Ip

where epsn represents the permanent set or ech a~einn of the cross.ectiw
if step j ends with the removal of all load ande temperature and assuming that
the residual stresses do not change due to creep at room temperature.

If the procedures of the previous sections are followed for given geometry,
materials, temperature distribution, and temperature-load sequence for a
range of values of applied axial loads and bending moments then an allow-
able load or moment vs. strain curve can be constructed. In this case, the
primary bending moment (M) may be plotted.against Fap m + e s-- It
is essential, however, that fixed ratios exist between Pi, M. an f Ay* If
a single moment-strain curve is to be used to define the fist instability
failure, yield and ultimate load for the cross-section.

For a range of values of load and/or bending moment, the elastic strain . V-
-o term (FapnEm may be defined as follows:

" Fpm/Em = ii ecp. + (7j Kap .Y m + (Kaly Xm
rnym I I bI -(2.1.65)

where m designates the element with the maximum permanent set as defined
by Eq. (2.1.64).
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2.2 SAMPLE PROBEM

To provide substantiation for the newly developed methods presented in this

report a sample problem on the computer was made for comparison with tests
performed during this study. Two comparisons are made in this section. The
first comparison and computer run was made to predict the allowable load for
the skin stringer columns found in the test horizontal stabilizer. The co.- -

puter run was made with the column allowable program E2140 described hr-
Appendix C.1. This column allowable was computed without the lateral
bending effect desie-,sed t Sec.tion 2.2.1. The lateral bending was not used.
in this case because of the test conditions would not produce the tension
loads caused by buckling because of the lack oFedge restraint (see Figure
B.30). Also because of the end restraint conditions the column end fixity
was a different value in this comparison problem than in the test horizontal
stabilizer problem. The results of this computed column allowable and the
test allowable can be found in Section 2.2.3.

The second comparison and computer run was made to predict the ultimate
failure load for the typical horizohtal stabilizer with an induced temperature
gradient.. Before making the actual computer run it was necessary to compute
several groups of input data. The first group of data required was the honey-
comb allowable strains against the parameters tF/S and tc/S as a function of
temperature. This data was compiled through the use of the computer pro-
gram E2128 described in Appendix C.2 of this report. This data is then used
as a table input as described in Appendix D.1.3 for the final computer run.

The second group of data required is compiled through the use of computer
program E2140 described in Appendix C. 1. In addition to the straight axial
load a laterally induced bending moment was also used as discussed in
Section 2.2.1. This data was then used as element buckling coefficients
for the input data such as described in Appendix D. 1.3.

Another important part of the input data is the material properties E, FW,
Ftn, and the Ramberg-Osgood coefficient (m). The derivation of this ta
for the specific test horizontal stabilizer problem is discussed in detail in
Section 2.2.2. Although tensile coupon tests were made in this case to
insure greatest accuracy it was found that the use of Reference 5 would give
very satisfactory results.

f '
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2.2". 1 SKIN-STRINGER COMPRESStON ALLOWABLES INCLUDtNG
THE EFFECTS OF INDUCED LATERAL BENDING

The allowable compressibrn stresses (F) or the crittcat buclifng stren
(ecr) of skin-stringer column elements may not be accurately determined by
the application of direct compression loads either analytically or experi- i
mentally since the compression load alone does not always represent the
only load acting on the stringer. More representative allowcables could be
determined experimentally, however, by box beams with applied bening"
moments where the chordwTse restraint to the skin panels and the effectr
of radius of curvature are present. Essentially, the major effect of the bend- ,1
ing radius of curvature of the E5ox beam is to force inwarbuckling of th"
skin panels between the stringers. This inward buckling on both sides of a
stringer coupled with chordwise restraint of the skin panels produces chord- _
wise tension stresses. Components of these stresses normal to the plane of
the stringer produce bending moments on the stringer which are acting simul- "

* - toneously with the applied compression loads. In many structures, these
effects may be quite small but the induced bending moments in shallow depth
stringers may produce substantial losses in allowable compression strength.

The skin-stringer panels in the typical test horizontal stabilizer represent
the type of structure where the induced lateral bending due to skin panel
buckling should be investigated. The following analysis is a conservative
approximation to allow for tWe induced bending effects.

One typical skin-stringer panel is considered where bs = 3.73 inches-0'
(between stringer i and ts= .042 in. Temperature is uniform at 3750 F.
For the panel simpTy supported on all four edges, the critical buckling strain"
is (.042(L)

ecr .362 2 = .000459in./n.

Considering the center strip of the buckled plate to act as a column, the

deflection may be approximated by

W m  2 P -
P• L-.

where P is the radius of gyration of the strip element, ecr is the buckling
strain of the panel, and ( A I/) is the foreshortening of the panel after I
buckling. "fhis foreshortening is taken as the difference between the strain
at which the skin-stringer column peak occurs and the critical buckling .
strain. From Figure 2.5, the column peak occurs at .00365 in./in.

49 ,*
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th

___L _ .00365 - .000459 = .003191 in./in.
[ L

The radius of gyraton of the plate element is

p= t = .042 = .01212 in.

I~ The maximum deflection at the center o'tie buckre'tprate ts >

W ~ 2(.01212) C.0-03119) - .064 iw,
.-000459

To determine the t -1teral load on the stringer, the skin panel is assumed to
act as a membrane and an equivalent normal load is calculated which will
produce the same maximum panel deflection as the buckling.

From Section 8-5 of Reference (1) the deflection of an element strip may be

approximated as

2N
b

or the maximum deflection at x = is

W~pb2
p.

whereN = 2 .2  E

24 -

Substituing and solving for the normal surface pressure, p

~13 mb~sE~ 1/ 1/3~
r2 (1 24 (1- .9).-

P)2 (3.48)2

p1/3 - 2.58 , p = 17.15 psi V

A conservative normal load distributon along the length of the stringer is
w 17.15 (3.48) = 59.7 lbs./in.
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* The maxmum bending moment at the center of the column spat is "

M = w = 59.7 (8.17)? = 497.5 in. -Ibs.

c"-. An applied bending moment rotational strain on the column cross-section is.. ~~calculated by ... _-

fiber. (Ei x  73700

The values d4 ecn for the column erements are determined by the prooedures
of Section 2.1.9 wlth some typical results shows in F*gu.e 2.5 for the crtical"
column element. From the column load-deformaha cuves ecr, is calcu-
lated in the table below for each stringer in the compression cover.

- 0 !
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IFIGURE..1
TYPICAL SKIN-STRINGER COLUMN ALLOWABLE CURtVES
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2.2.2? MATERIAL PROPERTIES'

The tension stress-strdin curves used in the onalysis and represented by the
Ramberg-Osgood equation 14

eE F + j

tire shovii- in Figure 2.6. The curve of Figure 2.7 shows the data from two :
tensile coupons which was used to determine the Romberg-Osgoad shape-
parameter, m. The stress-sradin curves shown in Figure 2.7 were obtained
from standard NAA tensile coupons taken from the test stab~irzer between
H.S. Sta. 167 and 1.5. Stu. 177.

The material properties obtained from these coupons showed a cisfinct
permanent loss due to the elevated temperature curing of the high temperature
strain gages in the test area (H.S. Sta. 187 to H.S. Sta. 197). The entire
horizontal stabilizer was placed in an oven and heated to 350°F for two
hours and then to 4500F for one-half hour for the curing process. The
tensile coupons were taken from the stobilizer sklins after the failing load
test was completed. Therefore, the coupons and the test area had the same
temperature history prior to the beginning of the tests. The primary cause
of the permanent loss of material properties was the temperature of 450F
for one-half hour. Data obtcined from short time elevated temperature

tensile coupon tests is plotted in Figure 2.8 and used as material property
input data for the analytical portion of the program. The room temperature
values of Ft , and Ft. on Figure 2.9 are specifically noted for comparison
wi th the expected recovery values after exposure to the elevated temper-
aturc environment required for stain gage curing. Using data from Refer-
ence (5) and Figure 3.2.7.1.1 the expected room temperature recovery
points are also plotted. From Figure 2.9 the room temperature recovery
factors are found to be

FtJ/Ft uRT = 0.785 and Fty/Ft T =0.722

The room temperat ,,re material allowables are taken as Ft u = 78000 psi.
and Fty= 68000 pi . from Table 3.2.7.0 (b) of Reference (5). For the
temperature time' history of the stabilizer the room temperature material
allowables may be expected to recover to Ftu = 0.785 (78000) = 61200 psi.
and Ft y = 0.722 (68000) = 49100 psl. Athough good correlation is ob-
tained from room temperature recovery properties it is impossible to predict
what the expected recovery values should be at temperatures between room
temperature and the maximum sonking temperature due to a lack of test
data. Since it appears that the recovery problem can be quite serious it
deemn eaeypoete 

ttmeaue bv omtemperaturefowould also indicate that a worthwhile program could be established to
determine re-avery properties at temperatures above room temperature for

45
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the aluminum alloys used most frequently. Studies conducted by the Col-

| umbus Division of NAA indicate the material vecavery FjroUl to be mst
% serious rh aruainum acfor.
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nlGURE 2.6
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EFFECT OF TEMPERATURE ON THE MECHANICAL PROPERTIES
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FIGURE 2.9
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2-2.3 COMFUTED AND TEST DATA COMPARISON

A test was performed' on two skin strtnger panels taten from the tesf ?sori-
zontal stabilizer. This test was made to substantiate the prediction of column
allowables to be used in the allowable stress computer program. The test
set up and results are presented in Appendix B. The test specimen was failed
under a varying temperature which produced the desired temperature grodients.
Since the computer program cannot exactly simucte the varying temperie.
the affowable fod was computed for the temF-rature disfrilutin,[n the
panel at the time of failure. The comparison of test and computed results aru

shown in Figure 2.10. This comparison shows excellent agreement between
the maximum test lood and the load computed with the temperature distibu-
tion at the. tame of faffu re. From these tests, it was concluded that the
column allowable program Appendix C was satisfactory for estimating column
input data for the main program.

The test set up and results of the test horizontal stabilizer are presented in
Appendix B. Again the temperature distribution at the time of failure was
used to compute the allowable moment for the test section. The test section
was broken into 37 structural elements as shown in Figure 2.11. The honey-
comb element allowables (Fcw Fci) were computed using the IBM program
E2128"presented in Appendix e.2. The skin stringer element buckling co-
efficients required were computed from the column allowable program E2140
in Appendix C.1. Allowables for other elements were computed as described
un Section 2. 1.

The first computer run results plotted in Figure 2.12 showed an allowable .-

bending moment Mx of 186,000 in. This moment is 112% of the actual I
tcst failure load. At this point, further investigation into laterally induced
bending loads on the skin stringer elements was done as presesited in
Section 2.1.8. Following this investigation, the second computer run m
plotted in Figure 2.12 was made showing an ultimate allowable bending
moment of the section as 171,000 in. This computed allowable moment Is
103% of actual failing load. ]
Figure 2.13 shows a comparison of measured and calculated strains vs. chord
at H.S. Sta. 192. The measured strains are shown for an applied load of S
4,390 lbs. and the calculated strains are shown for the nearest calculated
applied foad of 4,410 lbs. The calculated strains are shown for the temp-
erature-lood sequence +T, +P and reflect the effects of the non-uriform :'
temperature distribution as well as the applied load.

From this data, it has been concluded that the proposed allowable stress
method developed in this study will meet the requirements for predicting
nuclear effects temperature limits within the accuracies required.
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*3.0 A SIMPLIFIED HAND CALCULATIC114 METHOD.

The hand calculation method presented in this report was selected to provide
reasonable accuracy without excessive detail. This detail which accounts
for the last increments of accuracy can be eliminated from the thermal stress
analysis to greatly simplify the computatic-s required..

The Flirst step in the elimination of detail was mode by eliminating chord- I
%'ise bending effects from the analysis. This chordwise effect accounts for cL

. maximum of 10% of the total stress in most cases. The location of the critical
area forwaM and oft on the surface cctually deiermines the magnitude of the
induced error, If the critical area being analyzed is close to the forward
and oft center of area, essentially no errors exist. If the critical areas

are on the leading or trai ling edge of the ;urface, an error of + 10% may exist.
The existence of this error is dependent upon the temperature Jstrbution on I
the structure. An evaluation of the thermally induced drag moment will
indicate the sign of the error. 0

A drect ellminatioi of detail can be made in the selection of structural Yj
elements to be included in the analysis. The object of element selection is

1: to group similar detailed elements according to failure mode, temperature,
and distance from the x axits. Using this procedure, all similar column ele-
mer ts wVith approximately the same temperature and moment arm can be con-
sidered as one element at an average temperature, moment arm and bucklingI allowable. The induced error from such a procedure should remain within
+ 2%. The magnitude of this error is dependent upon the accuracies with which
Rhe average values are computed for the combined elements. Selection of
typWical elements is demonstrated in the sample problem of this section.

650
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3.T SIMPUFIED METHOD DEVELOPMENT

3.1.1 THERMAL STRESS EQUATION

Thermal stress distrlibutions can be calculated for appropriate flight loads and 2
temperature distributions with a general equation (3.1.7) which was derived

by an expansion of inforeation obtained from.Reference (l)as fall, ,*-.

Assume a one-dimensional temperature distributrio T(y).

i y J c T(y)

- b-4 Figure 3.1

With the assumed temperature distribution T(y) and the plate fully restrained
with no buckling, the stress distribution becomes:

fx a -ET( )

a= coefficient of thermal expansion (3.1.1)

E = modulus of elasticity

If we free the plate of end but not bending restraints a relief stress is realized.
This relief stress is superposed on the full restraint stresses. The total tensile
load Px may be written as

PxL c aET(y)bdy

The resultant relief stress becomes

(f) t =Px = -1~yd (3. LI _12~

At At1  f

At = total area of section

dAt = bdy

Since the temperature distCbution is unsymmetrical the tensile forces have
c resultant moment. Thus-when the plate is unrestrained in bending an

unbalanced relief morment results:

66 03 .-A
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The resulting relief stress becomes:

L. ~b(4 MI =- Y LE1(yjydAt 313

Y = distance. to element C.G.

4 The one dimensional thermal stress equation is formed by compiling Equations
3. 1.1, 3. 1. 2, and 3.1.3osfol lows:

fx =a ET(Y) cf aET(y) dAt.-y aET(y)ydAt (3.1. 4)

(The stress from the external bending moment Mzcan be expresse c' as-.

!LM (3.,1.5)

7

Thus by combining equations 3.1.4 and 3.1.5, the final stress equation
becomes:

fx -ET(Y,z)+ I aET(y)dAt +1 aET(y)dAt

f f

For the use of nu~merical integration Equation 3.1.6 becomes:

fx=AiET(y,4). 1 aj EAT(y). y aEAyT(y) + My (3.1.7)
At Iz

z

where:

A = area of small elements in section

* Equation 3.1 .7 is modified for stresses above the proportional limit by the use

of the Rainbcrg-C'sgood Equation as follows:

6 67 -
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F= actual stress

SF, = yield stress

m coefficient dependent on material stress strain curve

The equation T, also modified for buckcing by changing the effective area
of a buckling element. The following ecrction is used to modify A.

AEFF = A I (3.1.9)

FcR = buckling stress of element

68
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FIGURE 3.2

SKIN TEMPERATURE VERSUS SKIN THICK NESS
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3.1.2 ANALYSIS DEVELOPMENT

The development of the thermal stress equation into a usable thermal limits
analysis requires several complementary steps. Each of these steps are pre-
sented here in a form to simplify the computations as much as possible. The
developed analysis method is U1se reaod QdEpfable to sw!df cdagf c d,"
type calculators.

- The first step in derltv~ng a thermal l~mlit for a complex arrcraft sftrcfure irk-,.
to determine the temperature distribution on the structure. Knowing the M"a"

num! ers and altitude at which the limit is desired a curve of skin thickness -1
vs average element temperature for the given boundary layer temperature
and reference AT rise can be constructed such zs Figure 3.2. From such a
curve an approximate temperature distributior can be determined for any
given structure. It is recommended that a reference AT rise be selected in
the range of from 300 to 400OF in .032 aluminum to insure some proximity
to the final limit rise. The respective honeycomb element temperatures must
be computed for the specific configuration to complete the structural temp-
erature distribution..,

At this time the structure should be broken down into structural elements as
described in paragraph 3.0 of this report. With the number of elements
cnd temperatures determined a table of computations con be started to de-
termine the stress distribution. The following is a listing by column of the
necessary tabular data and computations to arrive at an approximate Stressdilstrbution. ."

691
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*_. Colwwnm 1. Element numiber or isdenhfic f.-
2. The actual area of each element of Column 1.

*"3. The temperature rise of the element above room temperature.

4. Young's Modulus E0 at the element temperature. 7 j
5. Corrected Area computed by the followlng equatlon;

Ao' AM ax 1 Ig

6- The momeni am Y of each element from a referen.e.X a "-.

7. The products of the Corrected Area and moment arm Y far
each element ore summed and diAded by the summation of

column 5 to compute Y.
8. The corrected moment arm Ycorr listed for each element,

computed by the following equation;

Yea= =Y- (3.1.11)

9. The moment of inertia of each element obout the X axis
summed to give the total moment of inertia of the section.

Computed by the following equation:

I~x.' = Acon x Y oa (3.1. 12)

10. The full fixily thermal stress coayuted by equation 3.1.1.

11. The summation of the thermal tension relief load (%5 x 10),
and the thermal relief stress as computed by equation 3.1.2
where At = Acorr.

12. The summation of the thermal benaing reli-ef moment (8 x 1i1)
as computed by equation 3.1.3.

13. The applied bending stress as computed by equation 3.1.5
(the bending moment used should be for the normal load
factor N of greatest interest).z~Iz = Ixx and Y = Ycon-

14. Thermal bending relief stress computed by using the equation

fbth Mth.Ycor (3.13)

"xx

Where Mth ,Column 12.
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Column 15. Total thermal stress on each element as compused by
sEqtotion 3. 1.4.

16. The actual corrected applied bending stress on each element
as computed by the following equation:

fbact= Fb Acor (3.11e

17. The actual corrected total thermal stress on each element
os computed by the followina equatiom.

fth = ' Acorr (3.1.15) O

A

18. Final total element stress (16 + 17)

Upon the completion of the computation of the Final Total element stress -"

each element stress must be checked against the respective element buck- -
ling allowable or yield stress, whichever is applicable.. vith the buckling,
if critical, taking precedence. If an element is found to be stressed above
the allowable buckling a correction must be made to the effective area,
Acorr, using equation 3.1.9 where A is the last Acorr and AEFF is the new
Acorr. If an element stress is found which exceeds .6 Fcy a correction of
the Acorr must be made for this element also using the following equation:

(OLD) Acorr + Es  Area (NEW)Aco n .  (..1.
A xrea 0

Where Es i. computed using equation 3.1.8 with E = Eo and F is the final
4 total element stress. Upon correcting the areas for these elements the com-

putation must be again performed and repeated until the final total element
stresses converge within required error limits.

When final element stress convergence has been accomplished the element
nearest to becoming critical or most critica! can e selected. The approx-
imate limiting temperature rise or moment cun then be estimated by one of
the following methods:

4 72
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ch f?e olecomtedge Te fileenthrstress. wase computd to-
a be3ypsi T he llwabe tresor this element at a83fligis condtopou~h . ted 0
fsin qaltiond (3a 2)h referenc raue rse of 4509F.n .0ec lm num

f 450" = reference rise used in table

4500 ( - )=476 0F allowable rise on .032 at Nz =2
2.7700

If the change in temperature rise was great enough in this problem a correction
of the allowable for the increased or decreased temperature should be accounted
for by recalculating the allowable. The allowable rise computed here agrees

reasonably well Wit the allowable calculated for the same condition using past
4 1 methods. The single mission limit for thi. condition u-sing the more exact

method was computed as 445OF i1ise on .032 during that study. This shows a
6.3% error in the proposed hand calculation method for this problem.
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* * CASE r

If the element thermal strcss (column 16) is greater than the element allow-
able stress the ioiL;,wing equation should be used:

(T ELE -TBOUNDARY)(Fallow - fb act) (TELE - TBOUNDARY)

-** (3.1.17)

fa.t = column 17

hh Oct= COI 1T '&

Follow = element allowable stress

TELE = element total temperature

TBOUNDARY = Boundary Layer temperature

"The new allowable element temperature rise calculated is for the moment
used in the stress distribution table. From this moment a value of Nz can be
obtained to plot versus ,'he limit temperature rise. By changing the applied
moment and fb in the table proportionately another approximate limit temp-
erature rise con be obtained without recomputing the entire table.

CASE i

If the thermal stress is less than the allowable and the total stress is greater
than the allowable the applied bending moment can be reduced by the
following equation:

M(Fallow - fth act) = Mallow -(3.1.18)

tact

This allowable moment is for the temperature rise used in the computation
of the actual stress distribution. If the allowable moment should become less
than that at an NZ 1 the limit temperature rise should be adjusted as in
Case 1.

CASE IIl

If the allowable strscs is gr.ater than the total stress either the moment or the
temperature rise limit can be computed using the respective equations 3.1.17
and 3.1. 2 f,t h preccding paragraphs. In cny of the discussed equations
if the element temperature is chor-,gd the ullowoble element stress should
be cdjusted ccco;Jir'gly thus requiring scx.n iteration in t!he computation of
on allowable temperature rise.
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4.0 GENERAL HONEYCOMB PANEL BUCKLUNG
The general buccfing equation was derived in Reference 6. The equattion

was derived to handle sandwich paneis with faces of unequal thickness and
dissimilar materials. This equation then fits the general production honey-
comb panel exposed to thermal radiation exactly. The production honey-
comb panel, with faces of unequal thickness because of external damage
reqi rments, have been difficult to handle. The addition oF' teipet:,mw

L"grodient and" change of material propertfes especially in the hot facing has
-- complicated the problem to a point where testing of panels was the only

soluofoa. Whille now, through the use of the gemrolzed panel buckling
equation, the differences of facing thickness and maltrial properties can be
accounted for theoretically. With this capobility, airciot thermal limits
con be derived directly through the use of a theoretical analysis. -e use
of the general buckling equation also provides the capability of designing

* " honeycomb structures to withstand the anticipated thermal loading.

The testing of the honeycomb panels and configurations are described in
appendix A. The panels were tested to provide correlation data for the

. - general honeycomb buckling equation proposed for use in this study. The
data compiled in appendix A showed very good repeatability and consistency

"* from one -test to the other. In a comparison of the test data with computed
ollowables, agreement was wide spread. Portions of this spread can be
explained in several ways. The allowable equation shows a high sensifivity
of the allowable load to the hot face temperature. A study of the equation
sensitivity to temperature shows that this sensitivity increases with temp-
erature. See Fig. (4.1). Reading and measurement errors for the thermo-
couple installation used on these tests was estimated at/ 25 OF and -50F.
A second source of error in the computed allowable results from the fact that
a temperature gradient exists across the panel to an extent of 5% lower

"" temperature rlse at the edge as compared to that at the center of the panel.This results in a lower average temperature than that measured.

An evaluation of panel construction tolerances was also mode to establish
induced computed allowable errors. This study revealed that an increase
of the core depth of/ 5% had a direct effect on the allowable by/ 5%.
A /5% tolerance onlhe thickness of the hot facb produced a / 49 change
in the panel allowable load. A thickness change in the cold acing produced
negectable allowable load change.

The test data and computed allowable data is compiled in table (4.1) and
plotted in fig. (4.2). The computed allowobles were computed using
equation (2.1.62) which was also used in the "Allowable Stress Program"
as subroutine HKN. Although the comparison of the computed data and test
data !hows a wide range of scatter, the inacct¢acies of the test and the
sensitivity of the equation must be considered in the evaluation of the equa-
tion. Since the equation shows good results compared to test data at room
temperature, and again crosscs the 0% error lire in the area of 6000F., it is
the opinion of the writer that the equation is satisfactory for predicting
thermal limits in honeycomb structures.
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FIGURE 4.1
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:-,..NEYCOMB PANEL GENERAUZEV
BUCKLING TEST DATA

TABLE 4.1 ]
.Test Computed "'

Spec. Hot Face Cold Face Failure Failure
Config. No. Temp. Temp. Load Load

5 1 NO RESULTS
6. 2. 649, 336- 2040L 110
6 3 687 363 2140 117CL
6 4 675 325 2700
6 5 657 290 3510 1260
7 6 260 88 11700 14080
7 7 336 110 11900 13090
7 8 322 112 11650 13080
5 9 218 85 6750 8190
5 10 461 181 4100 5900
8 1.1 260 94 810D 10100 I
8 12 231 85 7100 10330
8 13 268 92 6650 10010
4 14 610 331 3050 2480
4 15 584 302 3350 3260
4 16 640 336 3000
2 17 670 388 2650 1640
2 18 653 372 2700 2140

19 670 428 3350 2560
3 644 394 2900 2920

21 501 260 498D 55401 22 514 255 4500 5550
2 23
2 24 527 333 3400 '7190
8 25 268 110 7150 10290 , 1
8 26 331 136 7250 8490 1
1 27 R.T. R.T. 9380 80DO
1 1 28 R.T. R.T. 8620 8800
2 29
2 30 408 177 2110 4835
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5.0 THERMAL STRESS SUBSTANTIATIOC TE - "

A test program was conducted in the Structures Laboratory, Columbus I"'" T"Division of North Americn Aviation, Inc. in support of a Generalized

Thermal Stress analysis for existing aircraft structure incorporating honey-
comb sections as proposed in Phase I of Reference (8).

L "The test progrm conststed of two parts. The first pww outt.ined, h.

Appendix A, provides test data for correlation of a general buckling equa- I
tion for honeycomb panels subjected to thermal blast. The second part,
whitch is presented in Appendix 1, was conducted' to substantiate methods

- for predicting the stress distribution in a typical ccmpsita struchnsuib-
jected to load-temperature environment.

The test methods and instrumentation used in both ports of this test were .2
designed to provide the most accurate test results possible based on exper-
ience gained during previous thermal tests and research. The most valuable
experience, especially in test instrumentation, was obtained during the
thermal tests conducted for the FJ-4B "Hardtack Project" of Reference (9).
Problems were encountered doring the "Hardtack Project" in devising an

- adequate strain gage and thermocouple system. A strain gage installation,
which consisted of nichrome gages and ceramic cement for readings to
600 0F., proved to be inadequate. The ceramic cement acted as an insulator
on the heated surface which produced local stress concentrations due to
thermal gradients. Investigations were conducted on several strain gage
systems and a compromise of temperature reducing the maximum to 4000F."-v

• -- was found to be necessary in order to use a phenolic cement with the
nichrome gage. Th.; -ysiem provided, acceptable results and was adopted
for future elevated temperature tests. Another problem was encountered

- - in obtaining a positive thermocouple installation on aluminum surfaces.
The previous practice involved weldin. the chromel alumel wire to the
aluminum surface (generally non weldable 7075 material). Excessive labor

* time required to replace the thermocouples necessitated the investigation of
other methods for installation. A successful method which was adopted
censisted of drilling a small hole in the surface, installing the thermocouple

S"" /Wire, and peening it in place. The 4000 F. strain gage and the peened
thermocouple systems were used in the test in this chapter.

The recording and temperature controlling devices used during this are
considered to be some of the best thermal testing equipment available at
this time. The Sanborn Recorder, which was used during the honeycomb

' panel test, is a direct wtritng instrument which can record a number of S
variables simultanecusly. The final record is permanent and in true recton-
gular coordinates. The Gilmore Data Logger, used in recording load,

- .. temperature, deflection, and strain on the composite structure, is capable
of printing out 100 channels of test data in a total elapsed time of 20

seconds. The Research Inc., Ignitron Unit used in c, i.trolling temperatures
4 on both tests, is a high quality temperature controller which electronically ,

senses and controls error in specimen temperature.

.85:: :
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The following test instrumenotton and procedure. are reconmended for -

coibnined food and thermal testing. tn preparing fhe specrmen fr test-
mthatol TataoH Strain Gages (C12-T42 foraumnum) with GA-5 e.

cement for an adequate strain measuring system up to 4000F. After in-
stallation per manufacturers recommended procedures, the gages are to be
cured for two hours at 3500F. and one-half hour at 450OF. for the best - !
results. At the present time, strain gages designed for temperatures higher .
than 400°F. have produced unreliable results. The temperature on the test .
specTmetr can be m emmd or contrafled by chrome? alumef themiocouptes.
It is recommended that these thermocouples be installed at the strain gages
for strala-tempemlure correlation and at locations an the specimen where
a certain temperature or heat rate is desired. The thermocouples, which
establish a certain temperature or heat rate, are used 'n-ccujunctran wfh 0
a temperature controller unit such as the aforementioned Itesearch rnc.
Ignitron to automatically regulate power input to the heating elements. "
All thermocouples are to be installed on aluminum by drilling holes for
the Wires and peening them fast at the surface. After instrumenting the
test specimen, the strain gages were coatcd with a black MIL-L-19537
acrylic lacquer to prevent gage shorts and the entire heated area is sprayed .
with an aqua-dog suspenion for heat obsorbsion and stray potential shielding.
The quartz lamp radiant heating units such as the standard ALT8-612 unit
are used in most cases to provide a heating system; however, for unique
specimen configurations or in restricted areas, tubular (Cal-Ro4 heaters
may be used.
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6.0 DISCUSSION OF OPTIMUM DESIGN PROCEDUREF"
The precedie sections of this report have dealt with thenalysis ad airWAt,

structures subjected to temperature gradients. rn the past it has been the
practice to design an aircraft for normal flight conditions and then analyze
the aircraft to establish the limit temperature conditions it would withstand.
This method is completely unsatisfactory in many cases, specifically for the

* case of determining the vulnerability of a weapon system structure. Thes-
quired performance of the weapon system can only be designed into the
structure, not analyzed into it.

The work presented in this section Te a first attempt ta establTsfr an aptmuin
design procedure for aircraft structures with a temperature gradiert. The

* results of this study have been gratifying in that a relatively simple procedure
has Leen developed. This section presents design procedures for two different
types of construction techniques. The first presented,in Section 6.1,is for
a honeycomb panel with fixed load and fixed strain conditions. These panel
optimization methods can be used for designing the isolated honeycomb panels
for a given load or the non-structural honeycomb panel with a given strain
induced by the primary structure. The more detailed requirements for these
design methods will be presented in Section 6.1.

The two honeycomb panel methods just outlined are also used as a part of a
honeycomb box beam design procedure. The design of a box beam to resist
thermal gradients can be approached through two structural concepts. The
first is to use conventional construction and design for the induced stresses
which may require extra material and therefore extra weight. The second
method is to reduce the thermal stresses as much as possible with corrugated

I: spar webs. The second method should be lighter in weight than the conven-
tional construction but the induced thermal deflections are larger than those
in the conventional structure. In each of these cases the box beam section

I is optimized for given applied primary and secondary moments with some limit
heat input. The secondary moment is the critical moment in the reverse
direction from the primary moment. The honeycomb box beam optimization

b procedure computes the minimum weight, producible configurations for the
upper and lower skin panels as well us the spar spacing.

* 1 A second box beam optimization method was developed to determine the
minimum weight configuration for skin stringer type construction. This method
includes the two types of spar construction as mentioned in the discussion of
the honeycomb box beam method. The skin stringer box beam design uses two
spars and integrally machined skin stringers. The skin thickness.and stringer
spacing for the upper and lower skins are the prime objectives in the optimi-
zation procedures.

The method applied in these optimization procedures have not used the allowable
stress methods as originally planned . The basic idea of the allowable stress
method is used however, in that the design methods are based upon the element
strain rather than stress.
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HFistoical|y, optnmzatFon methods were refativety simple when only a few
perameters were involved. In many cases the optimum configuration could be'
found directly from the differentiation or umnimization of a weight equati.m
whtch was expressed in ifie terms of the arlowou're equations. With attempts
to optimize more complex structural arranger ,.n the weight equation become
too complex to permit direct solution. At this point the high speed computer
become a tool to minimize the weight equation through calculation of several
configurations and selecting the minimum -configuration from a simple equation
through these points. With the introduction of temperature gradients into the
prbbem the interdependencies of the structural parameters becomes even more
complex. It becomes extremely difficult to olve this problem in the terms of
applied stress an& allowable stresses ps pmt optFmizatrot probrems hoave een
handled. Therefore, it become necessary to develop a new procedure or con-
cept. It was known that by assuming the total strain of one element the strain -

of the other elements could be determined independent of the element areas
for an axially loaded member. Thus several configurations can be determined

from different assumed strains to obt9in the strain at which the minimum weight
configuration occurs. More details of this technique will be discussed in the
following sections of this report. With the addition of bending into the pro-
blem, an expression for the bending strain must also be included in the element
"strains. This was accomplished by assuming a maximum bending strain on an
element with a straight line distribution between elements (plane sections re-
main plane). This assumed bending strain is iterated until a balance with the
bend'ng moment is achieved. Again several configurations are computed and
a minimum weight configuration determined using these points.

The optimum configuration thus derived may then be used as a basis of the
final design development. The final design then must be checked against the
design limits using the allowable stress program presented in Section 2.0 of I
this report. Any changes in the configuration during the final design devel-
opment phase may be referenced to the non-optimum configurations generated
during the optimization process. A reference to these configurations will "7..

indicate the weight penalties involved in the changes and possibly indicate
the direction in which the change should be made. .

.%.
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6.1 HONEYCOMB COMPRESS('." 'kNEL OPTIMIZATION

Thts section discusser~ the optimization of honeycomb panels (Kg. & 1) or
individua structural eleents. Two different coaai&ons were congdue*
for the honeycomb panel design. A method for the optimum design of a
honeycor6 compression panel for a given lood .vas first derived. A second
honeycomb panel design method was derived for a given axial strain. The

| fixed strain procedure tends itself to the design of secondary structural _

elements dependent upon the deflection and strais of adjacent primay
structum.

-"- Bath design mediod have been derived for thermal gcadients dependent
upon the panel configuration. The dependency of the temperature dis-
tribution through the panel on facing thickness, core densitty, ano coe..
depth insures an accurate design solution, but also complicates the pro-
blem greatly. To reduce this complexity the facing temperatures have
been expressed in an emperical tabular form as a function of the configur-
ation parameters. With this approach a minimum amount of time is
expended computing temperatures. However, since the final temperature
is dependent on the configuration and the configuration dependent on the _
temperature an iterative process is required to achieve the final balanced
design condition.

* 6.1.1 HONEYCOMB COMPRESSION PANEL OPTIMIZATION WITH j
..FIXED LOAD

The honeycomb compression panel with a fixed load is designed to satisfy
three failure modes. The three failure modes used in this derivation are
general panel buc'ling, face wrinkling, and intercell buckling. The"" general buckling allowable food as used in the following derivation is a"

function of two unequal facing thicknesses, core depth, core density, edgefixity conditions, and panel size. This equation can be written as follows: -

N PMA... 2 (6.1.1)

A= fl2 tfltf 2 EiE 2  (6.1.2)

-it ) (tf, El+tf2E 2)

H = (C+tf1 + tf2) (6.1.3)
2

4 *l +KVL + V IF

K c, + 2c2 +c3  2 -c2
2 +  I- c2K
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tf 2  HONEYCOMB PANEL

FIGURE 6.1 I.

SI

* AT

HEXCELL CORE .SQUARE CELL CORE
FIGURE 6.2
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LL
-. LC(c 1 + (L..+ 2S2 C

G 2 G

Gx = for Hexcell Core Gl =Go for Square Cell Core
- 2 (Rge 6.2".

The constants cl, c., C3 , c4 are a function of panel edge fixity, 0/bt ratio
d number of bucictng waves. The constants can be computed as folcw.-

for the four prmary boundary conditions:

Simply supported panel
cjzc4  )2  c2 =1 .2.-...

-. ci1=C4=n- 3 c2 'C3-

Loaded edge S.S., Unloaded edge clamped 0

__ 2 224

Loaded edge clamped, Unloaded edge S.S.

n + 6n2 +1 a2
..! 2c2  c 2 +

1%"~~n +
2 " '

-e=3/4 c4 =3 b2  forn l

2S
___4 b for n >1

c c 4 ( 2

All edges clamped

4 c1 = 4 c4=4 6 forn I. .

cj 24 c4 = _) for n =1

c2=43" c = n4_+ 6n2 + 1 02 --

c2 4/3' c3 (n+r21)0
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The face wrinkling mode of failure is primarily a function of the r~we demily
ai Fbcfng modufus. The aflowab"e fracng stress is expressed as folows:

F= .5 06 - GEr(s+eE(6.1.5)

I wst be noted at this point, however, that the faci moL ,a k E Ep
ere a function of F when F i s above the proportional limit for the
=teria|. in such a case the Ramberg-Osgood stress strain relation (Section
7.0) must be used. The intercelI bucklFag is alsc dependetr upmn the
Rurrberg-Osgood strain relation along with facing thickness, and cell siz...
The allowable intercell buckling facing stress is written as follows:

Fci .9 ER(2.) 3/2 (6.1.6)

ER = 2 EET (6.1.7)
E + ET

With the allowable Equations (6.1.1), (6.1.5) and (6.1.6) the design of a
honeycomb compression panel can be accomplished. The requirements of the
design for this derivation has included a temperature gradient as well as the
axial compression load. The applied stress undr these conditions can be
expressed for the critical compression as follows:

Sc applied a E AT - aE AT AA + (6.1.8)

Because of the two facings being at different temperatures and thus having
criFferent material properties and stress level, on effective area of each

element must be used. The applied stress Equation (6.1.81 is made up of
the full fixity stress aE AT, the axial relief stress 1/AZaE. AT
A A , and the applied load stress N A A. No benlding relief stress
is used in this analysis since it is assumed that the panels are restrained in

bending by adjacent structure. The above Equation (6.1.8) can now be
rewritten as follows:

applied = a1 Es, (TI-TR) -

a, Esl (TI-TR) tf1 + a 2  Es2 (T2-TR) tf2

+ N
' " iEs2

+ Esl 'f2
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Frthe design of the i.n~mum weight panel the allowable face wrinkling

.5 '-06 t[2NG a2  ( T2  (6.1.10

I f In

I NT-a - S 7R tf + f2 (6..10

1 11
alEs (I- a 5  T2 1 f] 3/(..1

t fl +Tj L f

S.5 [ 06 G E (Es + 3 ETI~ 1/3

N MA 2  0N2E2(2Tt f

tf1 + -Es-
.5 06 GcE c Es, E T
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eat

I

X = tfI + t f2 Y = tf1 tf2EtIEt2

2 tfl Eft+tf2 Et2

Substituting Equations (61.-4. (6.1.3) and (6.T.4) , N becomes:

+ =v) K Y (C +X) 2

C4

K1Y C K1Y C

Cx G4

G, = G y fors recell
x qa (Figure 6.2)

.Gc - Gy/2 for Hexcell

KK, (C+X)2 Y KYC + K1YC FKY (C+X 2

l"1
N - Gcy

K 2 y2 C2

I+ L + F (6.1.13)
c4 G# G-,

cx y

K1 K(C+X)2 +C(C+X) 2 C K 2  +K2

+ L + K,2C2 FY (6.1.14)Y c4G# G4

r2
N+ ±!3+2C2iC) K 1  + 1  FY6..

_x cy c4

K 94_
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KIC T- K___
2+ c2c C3 + 2

(1- 2c -4Cm

+ C2 XKK (Yi2 + (1

L:. ![K. 12 2,

. j 1~GG' G4

+- +C2 K 2 + (c3 - 2 F 1
+ C XKIKX i + K2 +(6.117.1.1

~qtxc 
G, ~ !c

4 9

C3 [XY K+ 2F .( k).
4 G&y

C2 K(K + 2 CX (cY 2, 22

4K1  Cc4 GC ic

2 2

IN (--C 2" -- 2 2

+ ".K Y 0 (6.1.17)

No further reduction of Equation (6.1.17) was attempted since the solution
* of the cubic will be performed on a digital computer.
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All the Equations (6.1.11), (6.1.6) (6.1.17) for the design of a honeycomb
panel in compression have now been presented. From these equations it is

evident that the design procedur&-fa a given panel w-ah a therial input i swup
compiex irafocfed directly. The complexity is primarily established bythe
inter-dependency of the temperature distribution with the panel configurations
and the inelastic stress-strain relation inherent in an efficient design.
While designing a honeycomb panel to perform a certain job it will be found -

that there ore on infinite number of panel configurations which will perform
this job with a zero margin. The structural efficiencies for these infinite
number of configurations vary, however, over a very wide range. The con-
figuration desired is the one which attains the best efficiency (or minimum
we;04t.

Jhe following design procedure has been derived to compute this minimum
weight (optimum) configuration under the conditions previously stipulated.
11,e basic approach to this problem has been changed from one of stress as
used in the post to one of strain. By assuming the total strain on one facing

of the panel the strain can be computed for the other facing. The strain on
the second facing is expressed as follows:

82 = 6 1 - a (T1"t2) . "

T.Is equation is valid since it has been assumed that no bending occurs in
the panel. The bending restraint is assumed to be provided by adjacent .
structure.

At this point an arbitrary facing thickness tf 1 is also assumed. With this
assumed value of tfi an initial estimate of the facing temperature is corn-
puted. This initial estimate is made with a very simple equationz

T t + T2 , T2 = Bouncry Layer Temperature (6.1.18)

In

Knowing 1 and 2 and the temperature of the facins, the facing stress
(F) can be computc using the Ramberg-Osgood equation. The solution of
the Ramberg-Osgood equation is an iterative process of trial and error. The

_*l equation to be solved is as follows:
~n-1]

~= F 1+317 1 .)]

, tl. The yield stress (F) is obtained from material properties at temperature.

Knowing the tfI and the facing stresses Fcl and Fc the second facing thick-
ness can be computed as a function of the applied Load (N). The expression
for tf2 con be written as follows:
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Having obtained ti (Equation 6.1.20) two other parameters remain to be
determined to con'lete the panel configuration. These parameters tc/s,
and C, can be determined from Equations (6.1. 11) and (6.1.17), respectively.
With the final determiarn of panel configuration for the ginp load, t- 

erature, tfl , and 61 a new estimate of the temperature distribution con be
mode. This new estimate con be made with much greater accuracy because
ar panel configuroton has been determined. The method of determining this
temperature distriblii is taken from Reference 10. The curves used for

* : -aluminum honeycomb are presented in Figures 6.3 and 6.4.

The process of estimating the temperature and recomputing the panel con-
figuration, as described, must be repeated until temperature convergence
is achieved. At this time the temperature distribution and the panel con-
figuration have become compatible. The area or relative weight of this
configuration can be determined -s follows:

A= tfl+ tf2 + K tc C (6.1.21)

where

'"-- K = 2 for square cell, 3 for Hexcell

With a compatible panel configuration determined for the assumed strain
a and facing thickness tf, another strain 8 will be assumed. A com-

patible panel configuration is then determinel for this oasunr d strain also.
This process is repeated for a third time so that there are three different
configurations for the given load and temperature condition and assumed
facing thickness tfl. At this time the strain at which the minimum weight
configuration occurs can be determined. The process of determining this
minimum is one of fitting an equation (described in Section 6.4) for area as
a function of 5 through the three computed points and differentiating the
equation and setting it equal to zero. The 81 which satisfies the dA/d 8 7.
O equation is the strain at which the minimum weight (or area) configuration
occurs. Using this 81 the optimum configuration for the assumed tfI can be
computed by the preceding method.

At this point in the analysis the assumed tf1 is changed and the complete
procedure of computing three panel configurations for three different 's~
is 'epeated. Again following the third b, computation the optimum con-
figuration is determined for the second assumed tf I. This process is repeated
for a third tf I to establish three optin.im 8 configurations as a function of
tfi (Figure 6.5)
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* With these three points the asolute optimum can be demsmined. The
determination of the te optium point cr-a be acrcosplished o Ig mfitting an equaffon tor the area (described in Section 6.4) through the three
computed points as a function of tfI and setting the derivative (dA/dtf1) equal
to zero. Arter solving this equation for the optimum tfI the process must be
repeated to Jetermine the configuration compatible with the optimum tfl.
This final configurat'ion will satisfy the loadin% and thenmal condition
a pplied with the mijimum weight configuration wlthin the toterocm a
engineering accuracy.

The preceding method was programmed as described on the IBM 709 Digital
Computer as Program E2001. Details of this program such as the FORTRAN
listing, block diagram, symbol listing, and input data are presented in

Results from this program are plotted in Figure 6.6. Each configuration

computed in the described procedure is plotted to present a better picture
the process to find the optimum configuretion that satisfies the given loading

Iand heating condition. This plot is also a valuable toot in selecting non-
*- optimum configurations in a case where the optimum configuration cannot

be used.

-" 6.1.2 HONEYCOMB PANEL OPTIMIZATION WITH FIXED STRAIN

The fixdd strain design procedure has been derived to satisfy the requirements
V of secondary structural elements. These secondary structural elements in

general are not highly stressed lead carrying elements but elemmes which
are required to carry only the strain induced in them by te primary
structure and thermal loadings. However, these secondary structural
elements must still be capable of withstanding the induced stresses of strain.
The failure modes which establish the design criteria are general panel
buckling, face wrinkling, and intercell buckling. The Equations written
for these failure modes in Section 6.1.1 remain basically the same, (6.1.1)

, (6.1.5), (6.1.6). The approach wo the derivation of this method remains
one of strain analysis. If6 N is considered as the + extensional strain
induced by the primary structure the total strain for-each of the two facing$

i can be written as follows:

8
1 a(T T)+ N (6.1.22)il a (6..23

82 = 81- (a 1T1-a 2T2) (6.1.231

The initial temperature estimate is made by the following equation

.= T2 T2 = TB  (6.1.24)

tfI
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Knowing 8. and 5 the second modulus and element stress for each facing
con be found from he material stress strain curve (ReFemnce Section-2.1y.
At this point the core cz riation can be camput.h rasmme

* facing thickness tf I with the following equation:

8'1 1 3/2]

S. H9R 2*

The second facing thickness t42 can be computed from the equation for cell ;

-I

tf2= S (6.1.24

.9 ER2 a

The remaining panel p srmeter to be computed is core depth which can besiz (5)x as follows:+ KIC

N I s A j(6.1.28)

I + L + K12C 2 - 7,1-1

Y G&G,-'yc 4 •.":I

[NA= Esl .51 tfl + Es2 2 tf2 (6.1.29) !
Setting the allowable load (Equation 6.1.28) ecuoi to the applied od

(Equation 6.1.29) the following cubic equation for the core deph C is
I ~ ~ ~ ~~otan d t~ssandb h ae a eepesda olw

10

I. . , -

:".. -.



kORTlI AMERICAN AVIATIO& INC-.
COlu"Ous O'wusm"

•~ON W- QU-Ik

21
NN A-+~~~ K X(~+2L 2XK 2

t[N N A NA xGJ

+ C X2 K1K (6.1.30)

Y NA :]

N .- 2C1  Ki 2C +G4

(6.1.31)

This cubic equation for C is solved by a trial and error iteration method on '" :

the computer. At this point in the computation the temperature distriboutionl
in the panel must be conmuted and compared for convergence with the last ,.-

computed value. Th temperature information is token from the curvesin "''-'
Figures 6.3 and 6.4. IF the temperature has not converged the panel con-..,,

figuration must be recomputed as described. Following convergence o(f the ,.-
temperature, the area, or relative weight, of the panel can be computed ""

from the following equation: _*
A=tf + tf2 + t c C 6.1.32) "(3+

where K = 2 for sqiuare cell, 3 for 1-excell (See Figure 6.2) -,"-.j

The process described is repeated For several values of tfi for the giveon

applied load strain in This procedure produces a series of ponts re-b
lating the panel area (or weight) asa function of tf. It was found that '

this procedure did not produce a minimum, but went to zcro Area for ,"-'
t . At this point in the study minimum values for the facing thicknesses i
uand f2 were used along with core ensity and cell size limits. With

o tse limits imposd a minimum practical configuration is reached.

t C>

A c (.1

wher K forsqure ell,3 fr Hecel (Se Fiure6.2

,.,,,.~ ~ ~ ~ ~ ~~~h process. decrbe is reeae for.- severa values -o-f t-,.,.. I ..... th givenfN-,,... . . ., "•,,""''' '..'',
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The me~thod discussed w programmed an~ the IBM 709 Digital Compuxter

aL~oq= 20G_ Wiliif hispropom such as the EO~TRA14 Ihslhs
block diagram, symbol listing and input data are presented in Appendix D.

Sample results from this program are plotted in Figure 6.7. Each configura-
tion computed in the described procedure is plotted to eresent a better
picture of described process. Each configuration derived will satisfy the nue tanadt~~eaue esrms fte ~ adto..
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6.2 HONEYCOMB BOY BEAM OPTIMIZATION

Tothis point the opetmization of honeycomhstrudura! elements have; bem
discussed. In general fImes-efeeenft oppear rw a p~a ro carrying
structure which can be classified as a box beam. The honeycomb elements
discussed to this point ore used in this box beam as the skins or facings of
the box. The spar webs and spar spacing muvst be designed to satisfy the design
condition as well as the facings. While the honeycomb pondl optimization
design codtion allowed for only axial loading, the box beam must be.
designec for- bending and shear loads. The bendihqg foad can stilt be assurned'
to induce axial loads in both the upper and lower honeycomb facing panels.
Besides the applied bendingmoment there s now a thermally inicedbend&.y
moment to be accounted for. This thermal moment- is dependentupon the
upper panel configuration, which determines the primary temperature, and the
remaining portion of the box beam.

The optimum design process developed during this study uses both the fixed
load and, fixed strain honeycomb panel procedures to derive the optimum box
beam configuration. The details of application will be discussed later in

- this section.

-. In the design of a box beam two types of spar web construction must be con-
sidered when the thermal stress problem is present. These two web configur-
ations are designated as straight web, Figure 6.8 and corrugated web,

- - Figure 6.9. The two types of construction differ drastically in the presence
of thermal stresses. In tho case of the straight web box beam, thermal
expansioris of the upper facing induce loads in the spar web and lower facing

* as exte-nsional forces and induced bending. In th-e case of the corrugated spar
web the upper facing panel~including the spar attachment channels )is free
to expand without inducing loads into the rest of the structure. Thus the

* thermal effects ore retained entireiy within the hot facing panel. There are
I certlain advantages to this type of structural arrangement but the major dis-

advantage is the large deflection induced. If this increased deflection and
warping under thermal loads can be tolerated ai light weight structure is
most likely possible.

* STRAIGHT WEB BOX BEAM

Figure 6. 8

107 F
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CORRUGATED WEB BOX BEAM
FIGURE 6.9

6.2.1 SPAR WEB DESIGN

U In the present study two types of spar webs are used for the box beam design.S
The first type to be discussed is the straight spar web design to carry the
average axial strain and shear strains without buckling. The allowable
shear stress can be expressed as follows:

Fscr w2 ETW (6.2.1)

The allowable axial stress is expressed as:

25

The ainlthe shear andessaanloadiclmbtnedsstrese

** xprsson ort a folos: 1Q
fs . CL.+ 1 tb f -es ( .2.
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Kws E~w (6.2.5:'--.

+ I

Ew (1 -)+ .

S r par

ET 2 a br O g C-'-41 m+ Wi

24 E d2  w 2=0 (6.2.6) .

tw - t ew r t s i swnFu60l~~ w K2 E 2 K2 CL +1)w ws- 2 ,"",.:

SThe second type of spar web design is the corrugated web. The type f-corrugation selected for this study is shown in FiguFe 6. 10. ':-.

CORRUGATED SPAR WEB " '+"

/bb  ~~tw  ,-..-

FIGURE 6. 10
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Sin.- this spar web is incapable of carrying any port of the bending moment
on the box beam, only the shear oad must be considered in its design. This
type of shear web can be designed to an ultimate shear varue (Fsu) selected
by the designer. The corrugation length (b) can then be determined to
prevent buckling of the web. The web design parameters can be computed
as follows:

": /K c-. 1/2 (6.7-7)
tw(.=CL +1) b FS bc= tw(--'7) (

If bc "< 6C mis h..

bm = minimum rivet spocng

t: bc min(t Fs /2 (6.2.8)

Bearing Load = tw BRs  (6.2.9)
in.

Rivet load = b6Q (6.2.10)

Rivet Dia. Req. - b'Q (6.2.11)

If Rivet Dia. > Max. Allow Rivet Dia.

Set RD = MRD be = RD bwtwBRs (6.2.12)
Q

If bc < b. min tw = tw  bc min (6.2.13)
bi

set bc = b. min

bb =2 x BR x tw  (6.2.14)

The relative area of the web can then be computed as:

[twbrc(bW + 1. 5 + bbt(bw 1. 5).j (+) 62.5

% 4
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6.2.2. STRAIGHT SPAR WEB BEAM DESIGN-

"I The method sefected for the design of the upper a lower cop panels ."
depentlentupon, thetype of srs web cotl ftonj. Te prTihiy dTeenr e
in the two spar web types considered in this study is the bending effectivenes

" of the spar webs. The straight web is considered to carry a share of the
bending moment while the corrugated web carries no bending.

With the sar web carrying part oF the bending moment the portion of the
load-carr by the caps Fs not directly o&bftrnabf. STnce the configuratTon

7" of the box beam is the object of the design problem no moment of inertia or
* size parameters. are available to estimate the stress. distribution. This is

specifically true in the case of inelastic stress where the distribution is non-
linear. Therefore strain analysiswhich is more independent of the con-
figuration,must be used. In the case of the honeycomrb panels a strain on one
face could be assumed and the strain on the other face computed as a function
of the temperature distribution. This is no longer true since there is bending
present. However, if the assumed upper panel strain is a total strain including
even the bending, a bending strain distribution for the remaining elements con .a-

j be assumed, This assumed bending strain will take the form of a straight line
distribution of zero on the upper cap and a tension strain elb. on the lower
cop. At this time the total strain on each element con be computed as
follows:

Average spar web strain

ew =e.,-(a u Tul - awTw)+ 1/2 elb (6.2.16)

I Lower cop strain

eL=eul - u Tl-aLTL+ +elb (6.2.1-.7) -- '

1. Parameters which must be given for the solution of this problem are as follows:

I CL Chord length

h or bw Beam depth to center of faces,

Primary bending moment

MR Secondary reverse bending moment

0 Primary shear load

. - L Rib spacing

*. : . . . .-. . . . .. . .. -.... .. . . . . ... . .. . . . ..' V . . . . i._,..., ..... .... . -. *.
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The initially assmed parmeter we as follows:

%1 "lbkTakirn ow Spl or ulp eW

*Db ending strain on lower cap

Upper facing thickness for upper panel

W ~ par VaCMj

16e- temperature, of the uppe panel face (Tui used in the element stra""
equations just described was falen from the fixed strain honeycomb panel
optinization procedure descr'ibe in Section 6.1.2. The area of the lower
facing is estimated by the following equation:

F4 + 5= (6.2.18)
CLh Ft

To complete the initial sizing of the configuration a spar web thickness (tw) 0
must be obtained. The sixth root polynomial derived in Section 6.2.1
(Equation 6.2.6) can now be solved as a function of ew .

t6 t2 2 4
w K 2 E Km 2 b 0 (6.2.19)

°K 2
WS

Equation (6.2.19) designs the straight spar web to remain unbuckled under , 1
the shear and bending and axial stresses induced by the thermal and primary
static Iidings. Now that a configuration has been derived the equili- ,z. :1
brium of the section must be checked. The first requirement for this equili-
lrium check is to determine the location of the neutral axis, since
the zxient must be computed about the neutral axis of the beam cross-
section. The location of the neutral axis below the center line of the upper
pane, is computed from the following equation:

_ _ __jY.A Y n FnE1  (6.2.20)

b!_ (6.2.21)

* ~~~twEw ~ ~ b,(F~F
y 2 W L + bwEsL (tF+ +FS)

1W -)Eswbwtw+ EsL (tF4 + tF5)+ EsF tF1 EsF2 iF2

112 n*1
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I e r r m te r b c A ox c e a ffoo a b o u t O we n oe v o l ax , a moc fom4c e

can be computed.

e -[ Mu + eu1EsltF1CLy + eu2Es2tF2 CLy +

(e1 )L ) u + 7 + 1

LL'

" I ~ ( - I)F + t.ILI I ,P . *. 7.( ..-:...

.5 [EEstb)" tF3 CL(7 -

With this computed e1 the upper panel load required for axial balance
can be computed as folows:

" Pul=tF2 eue Es 2 CL+els Esl tF1 CL=

JCL +1 Tw bw ew Es w- eL EsL tFs CL (6.2.23)

The load P , is then used in the fixed load honeycomb panel method to
determine uthe optimum upper panel for the goven load and optimum strain

* z .level eu1 for that load.

Since the P. 1 and eu have been computed from the equilibrium equations
and are compatible with eLb, convergence of eLb is all that is
necessary. Therefore, by comparing the present value of eLb with the lost ;-A

i value convergence can be determined when they become equal within a
preset limit.

this point is the core configuration For the lower box cap. The area of the

lower panel facings has previously been determined from requiremants
imposed by the primary bending putting the lower cap in ten sion. The core
configuration will be determined from the compression loading imposed by
the secondary beiiding moment and thermal input on the lower side. The
compression load (;"R2) imposed on the lower face is estimated as follows:

1- 1....3

1 :i

0 ,".-0

• .... ... ..... 1 -•~~~ ".-. - - . .-.-..-. . ., . . --.- -: .------ ". . ,...... . .-.", .' " " '- -.-.- -" '- '.,-... ....-.,. .. ...-.-
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ru =du +4FI tFZ FZ CL (6.2.24X6 25)

To Jetermsne th~e limit rower conriguroton th~ree thickcness ratios orf 40M amLi
used knowing '~he value of tf5 + tf4 (Equation 6.2.18). By assuming an initial
core density and~ &06, the emperatures T4 aM T con, be computed fnxvw thw
curves of Reference (10). Assuming a strain e5 , e4 can be computed as:

e4 =e5 -(a 5 T5 - aT)-(.~

P~4E4F 4 ~sTTS (6.2;2)
A check of the equilibrium equation must be performe.c-

the computed PN must be equal to the XPR2 applied to the panel. If.this is
not satisfied e5 is changed until the condition is met. When the condition
is met the core density can be computed as:

=Fc5 
3] 4

The core depth (C) can also be computed from Equation (6.1.17) of Section
6. 1.1. With the computed configuration just established a new temperature
distribution in the panel must be computed and checked for convergence.
against the last temperature values used. If convergence has not been ob-
tained the configuration must be recomputed as described. When conver-
gence is obtained, the area of the lower panel is computed as:

A5 tF4 + fFS+ t (6.2.30)

The procedure must then be repeated for another ratioa of tf5/tf4 untsIl three
* configurations have been obtained. At this time a minimum weight config-

u.-ation can be estimated wi th the curve matching process (Section 6.4) from

When the lower-panel configuration has been determined as discussed above,

the relative area of the total box beam can be computed by combining
Equations (6.1.21) (6.2.30) and the spar web area

ATtF t2+ FC+t 5 + Ki 1c i 1+-
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( w + 1.5) tw  (6.2.31)
CL.

Following the computation of the total area AT a new box beam configuration
must be computed for another value of tfI until three configurations are
obtained. These three configurations are then used to determine the value of
tfI which will produce the minimum weight configuration for the given spar
s g

Following the determination of the minimum configuration for the one spar
" spacing ON !he process is repeated for two more valuesoE W to achiesv& a.
-.L- minimum weight configuratiorr with respect to spar spacing (W). This total

process then provides the designer with the minimum weight box beam

- -,( structure to withstand all the induced thermal conditions and loads for the
"" many parameters involved.

The details of the programmed procedure ore presented in Appendix D in

the form of block diagrams, FORTRAN listings, and sample data sheets. A
sample plot of data for a typicpl design problem is presented in Figure 6.11.

IThis plot presents each point computed in the optimization process described
and presents a better picture of the procedures discussed. The plot also shows
the weight savings which can be achieved by such an optimization process.

6.2.3 CORRUGATED SPAR WEB BEAM DESIGN

:- The corrugated spar web beam design must be considered when thermal

gradients are present in the structural design requirements. Since the corru-
gated zpar web will not restrain the hot facing panel from expanding the thermal
stresses induced in the structure are much lower. These lower stresses will
permit a lighter weight design when censidering a strength design. However,

4 -- the corrugated spar will allow greater deflections for the same relative weight, -

K I. and would be considerably heavier than the straight web corstruction in the
case of a stiffness design.

j. The load carried by the upper and lower cops can be determined directly'
for the corngated spar case. These loads are computed as follows:-7

Pul = Pu2±-M (6.2.32)

This load Pul can then be used directly in the fixed load honeycomb panel

optimization procedure described in Section 6.1.1. Following the deter-
mination of the upper cap panel configuration the area of the lower cop can W
be determined. The lower cop area is assumed to be critical in tension for
the primary bending moment Mu.

115 t
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FIGURE6.11
OPTIM.ZATION CUIZE
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tF 4 +f5 =u2 (6.2.33)

The lower panel must also withstand the conpresson load induced by the1. reverse aoment Mg.

The PZ2 can then be used in the lower panel design procedure described
in Section 6.2.2. This design method ensures iifficlei* arec in the kor -
panel to cary the tension foods induced 1 w mid stabil tor car "
the compression foods induced by M R.

-" The design of tie corrugated web is the only problem remaining in the boic
beam design. The design procedure for the corrugated web is described in
Section 6.2.1.

The design procedure to this point has been for a given tf1 and W. As in * .]
..e stralght web box beam, two more values of fTI ore used for the fixed W.
The area of each configurrtion is computed as:

i A-= t+tF2+t +tF5 +Ktc._l C1 +K tc5 C5

+ twb, ~+1.51 + tw( .+ 1.5)\(CL + 1 (6.2.34)

CL-

The parabola method of Section 6.4 is again used to estimate the milnilmum
area configuration as a function of tel. This process is repeated for two " "
more values of W to provide data to estimate the minimum configuration
with respect to tfEl and W.

The IBM program for the conugated spar web box beam design is included

in the same program with the straight web box beam presented in Appendix -.1
D Using the same computer program, the option of straight web or car-
rugated web or bot1i box beui designs is up to the engineer. Data from the

"" corrugated box beam. program is presented in Figure 6.12, for comparison --
with an equivalent straight web box beam. 0
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6.2 SOX BEAM WITH SKIN AND STRINGERS"

The aurpose of this sectia is to determine an optimum box beam stiuch.w
under a non-uniform temperature distribution and given overall dimensions
and for a given applied bending moment, shear Ica d, and reverse applied

-. -- bending moment.

Initially, for a better understanding of the problem, an I-Beam was investi-
gated to obtain some preliminary optlmizalaro equagions. It wasr foua ",thl
the best approach was through the use of strain equations. To start with, an
upper cap thickness was assumed along with an applied strain and appropriate.
strain and moment equilibrium equations ,'.ttenf. The sfrain was fRen varied'
until the equilibrium equations were sc:V, ': .... The only restrictions placed
on the cross-section were that the upp, - cap. and web be at their critical
buckling strains. The lower cap area was determined b/ assuming it is
critical in tension and calculating the area from the applied moment. .-
Another thickness was assumed and the applied strain varied until the equil-
ibrium equations were satisfied. After several values of the upper cap
thickness were assumed, a plot was made of total area versus upper cap
thickness. The upper cap thickness at the minimum area was then taken as
the optimum thickness.

It is this same general approach of using strain equations along with appro-
priate equilibrium equations that is used in determining an optimum box beam
with skin and stringers. Two types of box beams are considered here, one
with straight webs and one with corrugated webs. The box beam with
straight webs will be considered first.

6.3.1 BOX BEAM WITH STRAIGHT WEBS

l ;s assumed that the optimum structure will be similar to the one shown
be ri in Figure 6.13.

-C L

• . !bw L__ _ '1

BOX BEAM WITH STRAIGHT WEBS ..i
FIGLRE 6.13
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The structure is onalyzed Tin three pars; determination of lower cap me
and skin-stringer configuration (Section 6.3. 1. 1), determination of upper •
cap area and skln-stringer conf iauration (Section 6.3.1.2). and analysis •
of the box beam (Section 6.3. 1.3).

6.3.1.1 DETERMINATION OF LOWER CAP AREA AND SKIN-STRINGER
CONFIGURATION

The lower cap is. aded on by an appied moment, ?4u, and a reverse mmomeui,
MR. The cap has a total width CL. It is assumed that the lower cap is at a
uniform temperature and colder than the upper cap.

As a first approximation it is assuned that the lower cap is critical in tension.
The area, AL, of the lower cap is then calculated by:

AL = (6.3.1)

bwFtUL

where FtuL is the ultimate tension stress at room temperature and b is tte "
arm through which AL acts (in this case the depth of the box beam). !

A minimum skin thickness of .020 inch is assumed as a practical limit. There- I
fore, A must be _ .020 CL. If AL, calculoted by Equation (6.3.1) is less -Athan this value, AL is taken as:

AL = .020 CL (6.3.3

Since there is a reverse applied moment, MR, present that will induce cam-7
pression into the lower cap, the lower cap must be checked to see if it is
critical in compression and add the nece sry stringers for the given area,
AL, to sustain the compression load. An effective area, Aeff, (that port
of the lower cap area that remains stable under a compression load) is
determined by.

Aerf MR (6.3.3)
bw Fllow

where Fallow is some allowable compression stress (Follow = Fy is
suggested.

The value of Aef f is then checked against AL calculated by Equ ition (6.3.1)
or (6.3.2). If AL<Aeff , AL is taken as

AL = Aeff (6.3.4)

Ii2
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Cons-idertng the rower cap as a sheet with no sti ers, the effective area
may also be defined, by the method outlined iff Section 2.1.6r, w

Aeff A,(.35

-where Fcr is the al lowable plate buckling stress given by

CL~

where tl- is Mhe maxrmnum skin thfckness given by

tmOX
CL

and K is the plate buckling coefficient (K. 3.62 for simple supported

edges) or,
* 2Lc E (6.3.6)

fc is the compression stress on the lower cap and is calculated by

MR~ (6.3.7) @
*~f % bAL

Now substituting Equations (,.3.6) and(6.3.7) into Equation (6.3.5),
A 21~ bA 1/2AeffAL (6.3.8)

The maximumn stress, fc 0, on the lower cap is then calculated by

fro MR (6.3.9)
bW AeffJ

* - where Aeff is calculated by Equation (6.3.8), or
2 MP31/2

________ (6.3.10)
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The value of fc is then compared with Follow. If mc Fllow
0 ethe lower cop configuration is detem4ned as a sheet or thickness tL = AL/CL

ari no stringeis. On the other hamJ, if fca > Iaowt S'necessma
to dd stringers to carry the compression 6oa produced by the reverse applied

.moent, ft. As on initial approximation the number of stringers, n, is
assumed to be 2. he skin width, bb (distance between stringers) is given

The allowable buckling stress, ir is gjven by

a2
Fcr =KIS E I (tL

wherK the buckling coefficient for the skin (KI = 3.62 for simple
supporteedges). Solving for the skin thickness, tL,

tL =1b( W 1/ 6.3.12)

Also, 2

Fcr AL (6.3.13)

But, by Equation (6.3.3),

Aeff M
-*wFallow

Substituting this value of Aeff into Equation (6.3.13),

Fc " Fr MR MR (6.3. 14) •
bwLFallow

Substituting this value cf Fr into Equation (6.3.12),

2L E 1/2b L
L (6.3.15).-. :.'. b3 0110ALao K S EL !
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* hWs valueof tL is then compared wltfh tfe moxrmum possibre sskn thickness,
[I tO given by

SAL (6.3.16)

i tL ?tmx , then n must be changed by

and the above procedure repeated starting with Equation (6.3.1 ljuntiL
tL <tma. This procedure, frr effect-, adds stringers unfrf'fie cross-section
is able to sustain the compression ioA&-

If tL < tnm, tL must be compared with a minimum skin thickness (.020 inch).
If tL < .020 tL is set = .020 and AL recalculated along with tmax in
Equation (6.3.16).

The allowable compression stress, Follow may be defined by~2

Fallow= Kcstr EL  2 (6.3.18)

W-,ere tstr is the stringer thickness, bstr is the stringer height, and Kcstr is
the buckling coefficient (Kcstr = .385 for one edge free).

In terms of the stringer area, Astr, Equation (6.3.18) may he solved for

ts- by

1/4

tstr = .K.._s _ (6.3.19)

1e stringer area, Astr, may" be defined by

As =(tmax -tL) CL -

tL = bstr tstr (6.3.20)

where tm = AL/CL and n is the number of stringers. Substituting this
value of Astr into Equation (6.3.19),

= (FallOKn2  EL CL2 ) 1/4 (6.3.21)tstr
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Equation (6.3.20) may be solved for bstr by

bstr= (tmax -tl.) CL (6.3.22)
n tsty

The effective skin width, beff, (width of skin that remains stable under the
compression load) may be calculated by -

* ~beff - Aeff ( R ~ i
"At (L  Farr0 Faow

or

bL MR
beL (R 6.3.23) "

bw AL Fallow

The cross-section must now be checked to determine if it is critical as a -_

column. The column allowable, Fc, is calculated by

Fc= 2. 2 EL = 2 E IXl 1.5 (6.3.24)
(/PP) 2 (tstr bstr + tL beff) L2

where L is the length of the columr and the moment of inertia, I, is cal-
culated by

I tL beff Y + bstr tstr t2-r (6.3.25)

(2 2 1,2 sr25

where y is the distance from the upper skin to the neutral axis and is given
by

2

= ,.AnYn = tL beff+ (st + 2tL)2 tstr (6.3.26)
2 (tLeff + bstr tstr)

This value of the column allowable, Fc, calculated by Equation (6.3.24)
must then be compared with Fallow. If Fc < Fallow, the number of stringers,
n, must be increased as in Equation(6.3.17) and the above procedure re-
peated, starting with Equation (6.3.11) until Fc 2! Follow .

If Fc Z Fallow the configuration is determined and the last values of AL,
tL, tstr, bstr, and n are taken as the optimum values. I".
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A diagram ak-a. typical configuration is shown in Vigim6-4be6*~

bstr

-CL

LOWER CAP

FIGURE 6.14
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6.3.?.2 DETERMINATION OF UPPER CAP AREA AND SKIN-STRINGER A
* tCONFIGURATION

The upper cop will consist of skif cmcl suim simalw tv wt Amww iew
Figure 6.15 beow.

tt

7)

I
UPPER CAP

FIGURE 6.15

For the purpose of analysis only one T-section will be considered. The
temperaturop of the upper skin and stringers are a function of the skin
thickness, t., and stringer depth, h, respectively as outlined in Reference
4. A typical temperature-thickness curve is shown in Figure 6.16.

It is assumed that for optimum design, the section will be critical as a ""]

column, the stringer will be stable, and the skin will be subject to local
buckling. The loading on the upper cap is assumed to be an applied strain,
eu, (produced by the applied moment M.).

For a given skin thickness, t., and stringer spacing, bs, a ratio, R, of
stringer area to skin area (R = tbhVtsbs) is assumed along with the temperature
of the stringer, Tb. At failure the stringer is at yield strain, eb. In order
to determine the stringer geometry, the stringer strain, eb, is assumed to be 0
at the critical plate buckling strain, ecrb, or:
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el, eql.=KC6.(6.3.27)

teerue of the cklng ceffiet (K .38 forn oe Fgu ree6.1 and

rw it thed valute asmed. Ato th tis o i e srie ection

2.f0e foahsssmdvlu fR

Stin Euon (6 27 upp rin term is deind ;
h~i 5  (eqs+epseR) (6.3.39)

her temperature ownth strinr. Tb-mynwb on rr iue61 n

The strain on the strinersi, e, is dalfulaed by

esQTb + (ea,+ ep+ eT) eu(6.13.30)

whr e,+ -sm know (6.3.32)

and ~

ese,(6.3.33)2

The allowable crippling stress, FCC as defined in Section 2.1.6 is found by

- :FnEnAnCn - FSEstsbsCs + FbEbtlh Cb (..4
c EOA Estsb5 + Ebtb hi
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where F is the stress associated with the sthoin found by the R'amberg-Osood

relartonsip explained in Section 2.0 and C. is the effective area coefficiet
outlined rn Scti&on .. 6..

Since the stringer is a stable element Cb = I. On the other hand, the skin

*I- element is subject to local instabilities and therefore from Section 2.1.6,

(ers 1/2 t.Ks 
1/2

t 1/2

,_ : __ :..S

bs -3 F m- -. e > ecrs  .'

or (6.3.35)

C's  I ifes <e

The stringer stress, Fb, is assumed to reach a cutoff stress where Fb = FYbfor the optimum design.

Substituting thes values of C. and Fb into Equation (6.3.34)

,24 7 (F )/2 F1 +3rs(F -1/2 " "thb.K c S $ ( S 7- / + F5 b ib h E

Th c r Estsbs + Ebtb h (6.3.36)

The maximum crippling stress (Fcc)max is found by differentiating Equation
(6.3.36) and equating the derivative to zero.

' °~ ~~dF = 2 Kl s )s  7| 3F ys m"-I 2 i:
cc (Fs)- [ +1]/

2 (Estsb s + Ebtb h)

[n -1 -3/2k 1-
1/2 ~ Jm] 3 (mn-1) Fm2

ti Fs ) 2  7 (Fj J 7 -mi I"+
K Fy1  .

2 (Estsb s + Eb t6 h)

-0 (6.3.37)

Solving Equation (6.3.37) for F., I
7 1

FS"= FyflmZ - (6.3.38)
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'Substituting this value of F into Equation (6.3.36) and putting th is tems

L FK ? -2 A f (2.333y ] +FE1(..9

The "etmrl axs is Ioc.at,

y EnAnYnr EJ 2 C,+ FbRG +"ZEnAn Es + EhR (6.3.40) .

The allowable column stress, FC, is calculated by Johnson's Paraboka. -T'

F (Fccma + F 
2 

2rF c~ a 
(6.3.41)

II= Fcc)ma i (Fcc)mx (C_ CbR 2 2 il '
6Lf R (E + EbR) ( R +~ . ' 'i)

The elastic applied strain, eap, on the cross-section may then be calculated
by:

S(ep)calc C F (C + ChR)  (6.3.42)• ZE.A.c : n + .
Y, E5+Ej

Also eap may be calculated from the equilibrium equation by

a FnAnCn  =F C, + FbCbR (6.3.43)
t EnAn q S + E3)R 

.(6-"

where F. and Fb are the stresses associated with the strains es and eb respec-
tively, calculated in Equaticns (6.3.32) and (6.3.33). -".

This value of ea _ calculated in Equation (6.3.43) is then compared with
(eap)calc found by Equation (6.3.42).

&Cp=eap - reap)o c  (6.3.44)e

The value of R (ratio of stringer area to skin area) is then changed and the
above procedure is repeated starting with Equation (6.3.29) until eo = (eapcalc
or Ae0P = 0. This then satisfies the conditions of equili~rium an the
cross-sectfon is at the critical column stress and the optimum cross-section has
been achieved for a given stringer spacing. bs, skin thickness, ts, and

*1-]
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opplied strain, e.?

.IT.. he total area of ite upper cop Z; then cocu ated by:
i-Au =  L(tsbs thE) C CLt s (I R)1 (6.3.45) " '

J
6.3.1.3 BOX REAM

The box beam, consisting of two spar webs, -and upper and lower caps, ;s
smkw to thot.shown ;w Rgure 17 b.elow.

j

:" '-CL AL

BOX BEAM

FIGURE 6.17 i-i
I The box beam is assumed to be loaded by an applied moment, A, producing II

compression in the upper cap, or a reverse moment, MR, producing tension
in the upper cap, and a shear load, Q, on the webs. It is assumed that the
temperature of the webs and lower cap are known, and the temperature of
the upper cap is a function of the upper cap thickness.

First, the lower cap area, AL, and skin-stringer configuration are determined -
by the method presented in Section 6.3.1.1.

To start, a value of the upper cap stringer spacing, b., is assumed along with
values of the upper cap skin thickness, t, and the upper cop applied strain
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The web strain, ew, is caloted by

* eW = dfu(T+T )!.u-r+ + e+e (6.3.46)

* where ebw is an €ssumed bending strain consisting of both thermal and applied
bending strains. Tw and Tu ore the temperatures of the web and upper cap
skin (discussed in Section 6.3.1.2) respectively; TB is some reference temp-
erature (room temperature); a uand a w ore the coefficients of theral
-"ansion of the web and upper cap. "

The lower cap strain, eL, is calculated by

eL = O'a (TL-T )- a ) (6.3.47)

where e o is a bending strain consisting of both applied and thermal strains
and TL iAhe temperature of the lower cop.

The spar web strain, ew , is assumed to be the strain at the centroid of the
web; therefore,

= (6.3.48)
2

Substituting this value of ebw into Equation (6.3.46),

=w a (T-To - aw (Twy-To + e.+ ebV12  (6.3.49)

and

eL= =u (TL-TJ)- aL(TLTB) + e. + ebL(6.3.50)

A value of e is assumed (compression) and to start, let ebL =0. -

From the strains, eu, ew, and eL, the stresses associated with these strains
may be calculated by the Ramberg-Osgood relationship described in
Section 2.0. With these stresses, fu, fw, and fL" the corresponding Secant
Aoduli, Esu, Es, and E, may be found by: j

E= f (6.3.51)

The optimum structure is one in which the spar webs are at both the critical . .

compression buckling stress and the critical shear buckling stress. From
this assumption it is possible to calculate the spar web thickness, tw , by the 0
method described in Section 6.2.1.
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At-~ oisnt tho upper cep area, , an& the A6"Wtrnger conriguro9awmu1~
dletermined by the method outlire d in Section 6.3.1.2 for a given skin

T thickness, is, stringer spacing, b., and strain, eq,. However, if the val ue
of h (stringer height) exceeds some maximum value (such as b~v) anew -

value tf eu must be chosen a'nd the entire procedure started over again.

The neutral ends is Iocoted by

-,whe~re i~ s the distance from.some reference axis to the centroid of element
17 ni. In this case the reference axis is taken to be an axis passing through the

centraid of the upper skin. Therefore,

= wW w s (6.3.53)

2 Ew t bw+ EsL AL + Es A

* At this paint the moment equilibrium may be written ais:

Mu=~ %En Enr.Yn (6.3.54)

MU M,(eu Esu CL tsCs +Fb th h) y -ew Esw 2bwt(---

+ CL EsLA L(bw y) (6.3.55)

- The strains ew and eL may be written in terms of eu from Equations (6.3.49)
and (6.3.50). Equation (6.3.55) then becomesS

Mu (eu Es.CL tsCs +Fb T4 th)
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-[eU au(Tu-TB-) " a(t'w-) "5 bt ~ ) -
* AM

+I +au (Tu - T) - ( -TB ( -y 2

+eEL [EsLAL (bw-y)- Eswbwtw ( - )] (6.3.56)

* Solving Equation (6.3.56) for ebL,

SC'E '-ICE

ebL "Mu + (eu Es, CL ts Cs + Fb "s tb h) y

- eu+ au(Tu TB)_ aw (Tw Esw2bwtw 2 )

[eu+ au (Tu- TB)- a L (TL- TB) EsL AL (bw-y) 1/ EL)AL 0w)

Eswtwb 7 b"

+ twb( 2 ) (6.3.57)

she value of eb! calculated by Equation (6.3.57) is then compared with the
value of ebLassumed in Equations (6.3.49) and (6.3.50). A new value of
ebL is assumed and the steps outlined in Equations (6.3.49) through (6.3.57)

are repeated until the va'ue of ebL calculated by Equation (6.3.57) is com-
patible with the value c' ebL assumed.

Next, the axia! -,!rain qcqui librium equation may be written.

o nEn An =0 (6.3.58)

or
CL

eu Esu Cs CL ts+Fb bs tbh+ 2ew Esw twbw+eLEsLAL=O 0

• where Fb is the stress associated with ihe strain on the zringer calculated in
the upper cap in Section 6.3.1.2. Solving Equation (6.3.58) for eu,

-Fb CL tb h - 2 ew Esw twb W - el. EsL AL '''"

4 b, (6.3.59)
Esu C. CL t]
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The value of eu calculated by equation (6.3. 59 is then compared with the
1" value of eu assumed in Equation (6.3.491; A new value of e,. is amsumed and -:- :-

the above procedure, startngw-th Equation (6.T.49), is repeated until the
value of eu calculated by Equation (6.3.59) is compatible with the assumed
value of eu.

The structure is now in complete equilibrium since the conditions imposed .-f
-'.Equations (6.3.57) and (6.3.59) have been satisfied.

.- Next, a new value of upper skin thickness, t., is assumed and the entire
procedure outlined above is repeated until the necessmy ecqsi~im con-
ditions are satisfied. After several values of the upper skin thickness have

" been assumed, a plot may be made of the total area, AT (AT = A u+ 2bwtw
+ AL), versus ts for a given stringer spacing, bs, as shown in Figure 6.18
(a). This curve exhibits a mini.mvi value of AT at some value of ts. This
point is the optimum design for a given stringer spacing bs. The minimum ii-"
point may be calculated by determining three point and assuming a parabola
through them as discussed in Seclion 6.4.

-. A new value of the stringer spacing, bs, is assumed and the cbove procedure .:vi
repeated for several values of ts to determine another curve of AT versus t$.
A typical graph of AT versus ts for several different values of bs is sho%.n in
Figure 6.18 (b). A plot is then made of (AT)min versus b. as shown in Figure

6.18 (c).
Tne stringer spacing, bs, at the minimum of the curve shown in Figure 6.18
(c) is the optimum stringer spacing and the optimum structure has been defined. ..

However, it is possible that the upper cap may fail in tension when the
reverse moment, MR, is applied. Thus the upper cap area must be tested to
see if it is capable of sustaining such a tension load and, if necessary, 4
adjust the upper cap area and skin stringer configuration to sustain the tension
load produced by MR. The minimum upper cap area, Amin, required to " .

sustain a tension load produced by the reverse moment, MR, -is calculated by

MR E nE hAmin -bw Ftun En An (

- ~~~~MR (Es ts bs + Eb tb h)(6.0) -. :

bw (Ftu Es ts bs + FtubEbtbh

where Ftu and Ft are the ultimate tension stresses of the uppw skin and
stringers respectivuey. If the minimum area shown in Figure 6.18(d) is less -

than Amin calculated by Equation (6.3.60) a new b. must be chosen such that
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Stime for thi new value of b. This, then is this final optimum design of the
-- box beam. It should be noted, however, that this is an optimum design for

a given fib spacing, 1, chord length, CL, box depth, bw, applied primary
moment, MuD, reverse moment, shear load, Q, and temperature distribu-
tion through the 5pr webs and lower cap.

The IBM program to perform this optimization is presented in Appendix D.

6.3.2 BOX BEAM WITH CORRUGATED WEBS

" -It was pointed out in Section 6.2.3 that the corrugate spar web design 0
should be considered when thermal stresses are present since the corrugated
spar web will not restrain the hot upper cap from expanding and the thermal
stresses induced in the structure ore much lower, thus permitting a lighter

. weight design. However, the corrugated spar webs will allow greater de-
flections and a consriderable weight penally must be paid in the case of a

"" stiffness design.

The load, P, carried by the upper and lower caps can be determined directlyfor the corrugated spar web case. P may be calculated by:

P (6.3.61)

The upper cop area, Au, and skin-stringer configuration is determined by the
method described in Section 6.3.1.2 after a value is assumed for the upper
cap applied strain e.. P may then be calculated by:

- CSL tb1 (6.3.62)P=fS tsCL WbS~

where f. and fb are the stresses associated with the strains on the upper skin
and stringers respectively. The load calculated by Equation (6.3.62) is then

-- compared with the actual load calculated in Equation (6.3.61) and a new value
of eu is chosen and the procedure repeated until the calculated load is com-
patible with the actual load. a
The lower cap area, AL, and skin-stringer configuration is determined by the
method outlined in Section 6.3.1.1.

.. The design of the corrugated web is then determined by the procedure described '4

in Section 6.2.1.
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The design procedure to this point has been for a given uipper skin thiccress,
tv and stringer spacing,. b.-. in thestal hWeb, case, two more V&662 o

tare closert for a giverr b.. Me area~ oF each conflguration is computeJ by:

AT A + 2 Aw+AL -(6.3.63)

The parabola method of Section 6.4 is again used to determine, the minimum
area configuration as a funcfiotr of the skcin thicknes ts.. This procedure
repeated for two more va rues of to dtrnetemnimum area configuration

with respect to t. and 6..

The IBM program for both the straight and corrugated spar webs is presented-
in Appendix D.

13
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* V 6.4 PARABOLA CURVE FITTING METHOD a

Te parc~ofiz curve fitting methor used n tfr" sfs* Vm-rm prmav.-
purpose of describing the optimization curves generated by the high speed
computer data. The general form of the equation used in this mathod is:

y= Ax + B x + C (6.4.1)

.- Tb compute the exact equation for the optimizahtn curves, a minlom of
three points are required. These three points cai be described as xlY,.
xy 2 , and x3y3. Using these points in the general equation, the folkwia"
three equtions can be written:

- " -"Y l A A x , + B x i  + C"'

* -- 2
Y2 = Ax 2  + Bx2 + C (6.4.2)

2 *y3 = A x3  + Bx3 +C

-- " Solving these three equations simultaneously the following values for the
constants A, B, and C are obtained: *~

A" (Y? - Y)- (XI -Y)

(x2 + x3) - (x I + x 2) (6.4.3)

B Y1 Y2 - A (6.4.4).
]"-x1 - x2  X1 + x2

2 (Yl - Y2) Ax 3  (6....1
i C =  Y3- Ax 3+ x3  .X -645 ,.. _i -

Substituting these constants inta the general equation, an equation through
.-- the three chosen points is obtained. In this study the primary objective is I.-

to estimate the minimum value of the parameter y with respect to x. The
point on the curve at which this minimum occurs has a slope equal to zero.
From calculus it is known that the first derivative of an equation gives the

I slope at any point on the curve. The derivative of the general equation is:

1d
- = 2 Ax+B (6.4.6) J-7x;

If the slope dy/dx is set equal to zero the equation can be solved for the
parameter x. ".
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2Ax+B (6.4.7)

This value of x is then the point at which the mirtimum or niaximum value of
y occurs. Certain controls have been placed in the computer programn to
insure that it is a minimum which icomuted wAthot the vokw.is a
relatively accturcte w6~am
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6.5 CO4CUJSION " --

I. ?-r r' summnary, optrmr'zat'orr methods hove been developed for our types of b--"
eam; honeycomb box beam with sraigt or cmg,&ct webs ax rhf.g-.

* sking-stringer box beam with straight or corugated webs. One of the
principle features of these optiniizatiohi methods is their ability to handle
variable temperature gradients. However, as with all programs, certain ---

restrictions and limitations must e imposed. The following paragraphs describe
some of these restrictions and limitations along With some-suggested apprt-
catloer of the Plowru.--

- - It mxist be pointed out the optimization program presented in Section 6 ;s for
a variable mold line since the box beam depth, bw, is taken as the distance
between the centroids of the upper and lower cops. Thus the mold line will "-
vary, depending on the skin thickness and stringer depth. However, this
variation in mold line will be small and a good approximation may be made
of the optimum design.

The optimization methods presented here are for a fixed rib spacing, L
However, the designer may easily optimize for the rib spacing by calculating
the optimum design for several different rib spacings and including on .

* - additional term to account for the weight of the rib as a function of the rib
* spacing.

- The optimum design at elevated temperatures may not be optimum at room
temperature and may, in tact, not be able to sustain the applied load at
room temperature. Therefore, the programs presented here.must be run for

* - room temperature to see if the box beam is indeed critical at room temperature.
A plot may be made of the room temperature optimum curve as shown in
Figure 6.19. The intersection of these two curves is then the optimum design

-- point when both room temperature and Alevated temperature are considered,

Sd leexcept when the minimum of one of the curves lies inside the envelope
desribed by the two curves.

Elevated Temperatuge

Room Temperature

Area

4 Optimum Poin

Design Variaoe"

SUPERPOSITION OF ROOM AND ELEVATED TEMPERATURE
OPTIMIZATION CURVES

Figure 6.19 141 ''-

-, . .



1

NORTH AMERICAN AVIATION INC.
CCHiVIUS 16. Olo"

This principle of superposition of optimum curves my be extended~to othw. parameters produced by different flight conditions and a designenvelpe
established tadeterrinean optimum structure that will satisy afl of the
conditions imposed upon it. A typical example ;s shown in Figure 6.20

i , :  Codiom I

Optimum Point

77

3 -

~4

Design Variable

SUPERPOSITION OF MULTI-CONDITION OPTIMIZATION
CURVES

FIGURE 6.20
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